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Abstract

H. Julian Allen made an important observation in the 1958 21st Wright Brothers Lecture [1]:
“Progress in aeronautics has been brought about more by revolutionary than evolutionary changes
in methods of propulsion.” Numerous studies performed over the past 50 years show potential
benefits of higher speed flight systems — for aircraft, missiles and spacecraft. These vehicles will
venture past classical supersonic speed, into hypersonic speed, where perfect gas laws no longer
apply. The revolutionary method of propulsion which makes this possible is the Supersonic
Combustion RAMJET, or SCRAMIJET engine. Will revolutionary applications of air-breathing
propulsion in the 21st century make space travel routine and intercontinental travel as easy as
intercity travel is today? This presentation will reveal how this high speed propulsion system works,
what type of aerospace systems will benefit, highlight challenges to development, discuss historic
development (in the US as an example), highlight accomplishments of the X-43 scramjet-powered
aircraft, and present what needs to be done next to complete this technology development.

1.0 HIGH SPEED AIRBREATHING ENGINES

1.1 Scramjet Engines

The scramjet uses a slightly modified Brayton Cycle [2] to produce power, similar to that used for
both the classical ramjet and turbine engines. Air is compressed; fuel injected, mixed and burned to
increase the air — or more accurately, the combustion products - temperature and pressure; then
these combustion products are expanded. For the turbojet engine, air is mechanically compressed by
work extracted from the combustor exhaust using a turbine. In principle, the ramjet and scramjet
works the same. The forward motion of the vehicle compresses the air. Fuel is then injected into the
compressed air and burned. Finally, the high-pressure combustion products expand through the
nozzle and over the vehicle after body, elevating the surface pressure and effectively pushing the
vehicle. Thrust is the result of increased kinetic energy between the initial and final states of the
working fluid, or the summation of forces on the engine and vehicle surfaces. This is a modified
Brayton cycle because the final state in the scramjet nozzle is generally not ambient.

Engine specific impulse, or the efficiency of airbreathing ramjet, scramjet and turbine engines,
compared to the rocket is illustrated Figure 1. Specific impulse is the thrust (Nts) produced per unit
mass flow (Kg/s) of propellant utilized, i.e. propellant which is carried on board. For the rocket,
propellant includes fuel and oxidizer; for the air breather, fuel is the only propellant carried. Note
the significant improvement in efficiency of the air breather vis-a-vis a rocket. For example, the
scramjet is about 7 times more efficient than the rocket at Mach 7. The revolutionary aspect of the
scramjet is extending the airbreathing engine way beyond traditional aircraft limits. Subsonic
combustion in the ramjet produces high static pressure and temperature and high heat transfer



(heat load) to the engine combustor structure — especially at higher flight Mach number. These
static temperature and heat loads place a practical upper limit on ramjet operation somewhere
between Mach 6 and 8. The scramjet overcomes this limit using supersonic combustion. The
scramjet has no nozzle throat at the end of the combustor. Supersonic combustion occurs at
significantly reduced static pressure and temperature and hence combustor wall heat load. Reduced
static temperature allows the practical upper limit of the scramjet to be somewhere between Mach
13 and 15. At the lower limit, the scramjet can be operated below Mach 6 using mixed-mode

Specific Impulse, N-s/kg
8
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Figure 1. Hypersonic Engine Efficiency

combustion. At these speeds fuel is injected near the exit of the expanding combustor.
Combustion pressure rise disturbs and separates the inflowing boundary layer. This disturbance
propagates upstream through the boundary layer, creating a large recirculation region. The
supersonic inlet flow is farther compressed by this separated/recirculating flow to Mach 1, which
then persists through the initial combustion region, before again accelerating supersonically
through the remaining combustor and nozzle. Combustion in this process occurs both in the
recirculating flow and in the sonic/supersonic core — hence the term mixed mode combustion.
The fact that a scramjet can be designed to operate in both pure supersonic or mixed combustion
modes, covering both the ramjet and scramjet operating speeds, led to the label dual-mode
scramjet.

1.2 Combination/Combined Cycle Engines

The dual-mode scramjet can operate over the ramjet and scramjet speed range, from about Mach 3
to at least Mach 15. Any application of the scramjet will require an alternate means of accelerating
to scramjet takeover speeds. For an aircraft application alternate power will be required to allow



efficient operation below Mach 3-4 for take off, acceleration, and deceleration to powered landing.
A study [3] performed by Marquardt, Rocketdyne and Lockheed, in the early 1960’s, provided a
low-level (of fidelity) assessment of numerous propulsion options for space access. In all, 36
potential rocket/airbreathing systems were compared. These combined cycle engines included
rocket, air-augmented rocket, ramjet, and scramjet cycles. In addition, various "air compression”
concepts for low-speed operation were considered, including ejector, fan, and the liquid air cycle
(LACE). These studies evaluated as a figure of merit vehicle capability (payload to space for a 1-
million pound vehicle). Two conclusions from this study are: Scramjet operation to high Mach
provides a significant increase in payload capability; Lox usage below scramjet takeover Mach
number greatly lowers the payload capability. Three engines were recommended for additional
study: Turbine-scramjet combination engine; ScramLLACE; and Supercharged Ejector Ramjet
(SERJ). The ScramLACE is an ejector-scramjet with real-time liquid-air collection and
compression feeding a hydrogen-air rocket ejector. The SERJ is an ejector ramjet with fan for
operation during acceleration to Mach 2 and cruise. The three systems were studied in the USA, and
only the turbine-scramjet approach was carried forward. For airbreathing launch vehicles, an
additional propulsion system is required for higher-speed operation to achieve orbital velocity, and
rockets are the only option. Because the rocket is required for high speed and orbital insertion for
single-stage-to-orbit (SSTO) concepts, several studies have also reconsidered it for low-speed
operation (albeit inconsistent with the previous [3] conclusions). The resulting engine is called a
rocket-based combined cycle engine. Dashed lines in figure 1 illustrate the potential efficiency of
the turbine-scramjet-rocket combination (TBCC) engine and the RBCC engines studied extensively
in the late 1990°s by NASA.

The RBCC design challenges include rocket placement, rocket fuel-oxidized mixture ratio, and
the impact of rocket integration on scramjet performance. One RBCC concept is illustrated in
figure 2. This concept [4] operates in air-augmented rocket (AAR) mode from Mach 0 to about 3.
This mode includes some ejector benefit by entraining air into the dual-mode scramjet duct.
Above Mach 3 the rocket is turned off, and the engine operates as a dual-mode scramjet. The
final mode of operation, rocket, begins at Mach 10. In rocket mode the engine inlet is eventually
closed before the vehicle leaves the atmosphere.

Made 1 - Alr augmented rocket (0 < M < 3)
Fuel injectors Thermal throat

Mode 2 - Subsonic Combustion Ramjet (3 <M <)
Shock Fuel injectors Thermal thromt

Low-Speed High-Speed
Supersonic RTA" (Mach 0-4+) Hypersonic Scramjet (Mach 4-15)

Figure 2. - RBCC Operating Modes Figure 3. - Typical TBCC

NASA and the USAF have studied turbine-based “over-under” combination engine (TBCC)
approaches at a low level for over 40 years. Most of the studies use “simple™ over-under designs



[5], as illustrated in figure 3. These designs all utilized variable geometry inlet and nozzles which
can fully close to seal off either engine.

2.0 AIRCRAFT APPLICATIONS

Numerous studies performed over past 50 years show potential benefits of higher speed flight
systems — aircraft, missiles and space craft. Potential airbreathing high speed/hypersonic vehicle
applications include endoatmospheric and space access. These vehicles may be military or civilian,
manned or unmanned, reusable or expendable, hydrocarbon or hydrogen fueled. Potential
applications include tactical supersonic cruise—hypersonic dash, hypersonic cruise strategic
aircraft, hypersonic tactical or strategic missile, hypersonic transports, and fully or partially reusable
single or two-stage-to-orbit (TSTO) launch systems.

2.1 Military Applications

Military benefits of hypersonic vehicles are versatility, response time, survivability, and unfueled
range [6]. Civilian benefits are long range rapid commercial transportation and safe, affordable
reliable and flexible transportation to low-earth orbit [7]. One example of a potential hypersonic
cruise military aircraft is the Dual-Fuel Global-Reach concept shown in Figure 4. It would employ
hydrocarbon-fueled turbo-ramjet engines for low-speed flight (Mach 0 to 4.5) and liquid hydrogen-
fueled scramjet engines for high-speed flight (Mach 4.5 to 10). This vehicle concept was developed
to perform two candidate operational scenarios. The baseline mission involves takeoff, climb to
cruising altitude and Mach number, complete a cruise to a mission range of 15,000 Km, followed
by a 2.5 g turn at the target at minimum power, and unpowered, maximum [/D descent for
rendezvous with a tanker, and a subsonic return to base. The vehicle contains sufficient hydrogen to
reach and engage the target, turn, and begin the unpowered descent. Sufficient hydrocarbon fuel is
retained on board to allow a 10 minute loiter waiting for the tanker. An alternate mission scenario is
a first stage platform for satellite launch. The resulting vehicle is comparable in size and weight to
today’s air liners, as illustrated in figure 4.

2.2 Space Launch Applications

Benefits [7] of air-breathing launch systems are improved safety, mission flexibility, vehicle design
robustness and reduced operating costs. Air-breathing vehicles, capable of hypersonic speeds, can
transform access to space. just like turbojets transformed the airline business. Rocket-powered
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Figure 4. —Strategic Hypersonic Aircraft Table 1. Attribute of Space Launch Systems

vehicles are approaching their limits in terms of these parameters [7]: switching to a new approach
is the only way to achieve significant improvements [5].



Safety benefits result from characteristics such as enhanced abort capability and moderate power
density. Horizontal takeoff and powered landing allows the ability to abort over most of the
flight, both ascent and decent. High lift/drag (L/D) allows longer-range glide for large landing
footprint. Power density, or the quantity of propellant pumped for a given thrust level, is 1/10 that
of a vertical take off rocket due to lower thrust loading (T/W), lower vehicle weight and higher
specific impulse. Power density is a large factor in catastrophic failures. Recent analysis [8]
indicates that safety increases by several orders of magnitude are possible using air-breathing
systems. Mission flexibility results from horizontal takeoff and landing, the large landing
(unpowered) footprint and high L/D. Utilization of aerodynamic forces rather than thrust allows
efficient orbital plane changes during ascent, and expanded launch window. Robustness and
reliability can be built into airbreathing systems because of large margins and reduced weight
growth sensitivity, and the low thrust required for smaller, horizontal takeoff systems. Cost
models [7] indicate about one-order magnitude reduction in operating cost is possible, vis-a-vis
the space shuttle. Attributes for selected air-breathing assisted launch systems categorized by
staging Mach number and reusable or expendable second stage are listed in Table 1.

NASA's Next Generation Launch Technology Program identified and quantified these attributes
[7, 8]. For example, staging at Mach 7, and using an expendable second stage allows nearly an
order of magnitude gain in safety (loss of vehicle/payload), with a small improvement in payload
fraction and operating cost, compared with current systems (Space Shuttle or ELV’s). Increasing
staging Mach number (the fraction of airbreathing contribution to orbital velocity) plus adding a
reusable second stage and more advanced engine and airframe technology, increases the payload
fraction and reliability, and reduces both loss of vehicle (LOV) and operating cost. The most
significant benefit is in safety, quantified by the attribute “Loss of Vehicle.”

Airbreathing hypersonic flight is truly the next frontier for air vehicle design, and continues to
excite and challenge the next generation of engineers and scientists. What will be the first
application?? That depends on political forces more than on technology development challenges. In
terms of difficulty, easiest first: hypersonic cruise missile; supersonic cruise - hypersonic dash
tactical aircraft; Mach 7 first stage launch vehicle; Mach 7 hypersonic cruise strategic aircraft; Mach
10-15 first stage launch vehicle; Mach 10 cruise; and finally single-stage to orbit launch vehicle.

3.0 CHALLENGES

Challenges facing development and applications of scramjet engines to hypersonic airbreathing
propulsion systems are technical and political. Political challenges are beyond the scope of this
discussion — but must be seriously addressed in any effort to apply this technology. Technical
challenges can be divided into the following categories: Flow physics; Experimental facilities and
test methods; Design methods; Scramjet propulsion-airframe integration; High/low-speed engine
integration; Flight testing; and Technology development tracking.

3.1 Airframe Integrated Scramjet Design Challenges

The most significant challenges facing design and development of a hypersonic vehicle are
propulsion related: scramjet engine design; scramjet-airframe integration; integration of the
scramjet with a Mach 4 capable low-speed engine. Effective utilization of scramjets requires careful
integration of the airframe and engine. This is required because of the large airflow requirements at
high speed. As flight speed increases, the air flow enthalpy approaches, then at about Mach 8
exceeds, the incremental enthalpy increase from combustion, so thrust per unit air flow decreases.
This effect is captured by Aaron Auslender’s “rule of 69”: T~ m,, * SQRT (69 / M?) for Mach
numbers greater than 7.



With a high degree of propulsion-airframe integration, vehicle flight operations affect the engine
operation, mostly through changes in air mass capture. Conversely, engine operation affects vehicle
performance, such as lift and trim. Challenges in design/development of airframe integrated
scramjets are illustrated using the 2-D cross section of the X-43 scramjet-powered research vehicle
in figure 5. The X-43 was a sharp-leading edge lifting body configuration. That is, vehicle lift is
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Figure 5. Airframe Integrated Scramjet Design Challenges

generated by the vehicle fuselage and engine, not wings. The vehicle wings were really all moving
elevon surfaces for maintaining and controlling vehicle pitch and roll attitude. The entire lower
surface of the X-43 was designed to perform scramjet functions, within the limit of acceptable
hypersonic aerodynamics, stability and control. The top surface was designed to minimize form
drag, enclosing the vehicle between the inlet leading edge (vehicle nose), and the nozzle trailing
edge (vehicle tail). Generally good scramjet cycle performance requires that the nozzle is about
30% larger than the inlet capture cross-sectional area. Much of the scramjet inlet compression and
nozzle expansion is performed on the vehicle forebody and after body respectively, so that the
engine module can remain as short as possible. Short internal engine length is desirable because it is
the densest structure on the vehicle, and large surface areas will drive up weight and cooling
requirements, potentially exceeding fuel flow requirements. The engine cowl, or lower surface is
positioned to capture all of the flow compressed (behind the bow shock wave) on the lower surface
at the most critical flight condition, or design point. For hypersonic cruise the design point is the
fully loaded cruise condition; for an accelerator it is somewhere close to the peak airbreathing Mach
number.

Airframe integration and scramjet engine design is challenged because the vehicle must operate
over a large Mach number range, and be capable of maneuvering. Airframe integration includes the
effect of the vehicle on the engine performance, as well as engine on the vehicle. At lower than
design Mach number the shock waves and hence the compressed flow moves away from the
vehicle, so some compressed air is not captured. As the vehicle maneuvers, the shocks move closer
on the lifting side, again changing the air capture. Conversely, the engine performance affects the
vehicle design and operation. One significant integration issue is the vehicle pitching moment
change with flight Mach number. Generally the higher mass capture at high Mach number allows
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the engine to produced higher pressure on the external nozzle than that on the forebody produced by
aerodynamic compression, so the vehicle tends to pitch down. At lower Mach number, much of the
air compressed by the forebody is not captured by the engine. Fortunately, the combustor pressure
rise is greater at lower Mach number, but generally not sufficient to make up for spilled air mass
flow. So, at low Mach the vehicle tends to have a nose-up pitching moment, which is balanced by
the control surfaces. Clearly, as the thrust requirement from the engine changes, the nozzle pressure
will change the vehicle pitching moment and trim requirement, because the inlet forces are
essentially constant.

[n addition to these challenges, even the engine flowpath design requirements vary with Mach
number. For example, the inlet compression, expressed by contraction ratio, must be smaller at low
Mach number, and increase nearly 1:1 with flight Mach at constant flight dynamic pressure. This is
required to allow the inlet to start and function at lower speeds, and provide adequate static pressure
in the combustor for good combustion at higher speeds. The shape of the combustor and/or fuel
injection location must vary with Mach number to assure good combustor operation. Combustion
must start close to the combustor entrance for very high Mach operation, and the combustor must be
short. For low speed, the fuel must be injected at a point in the combustor where sufficient
expansion has already occurred to minimize the potential for un-starting the inlet. At low speed, an
inlet isolator is critical for good performance, at high speed it is a serious detriment to performance.
These challenges are addressed by variable geometry, multiple fuel injection stations, or both.

Many different shapes of scramjets were studied in the USA and around the world. Many have
focused on the quasi two-dimensional shape selected for the X-43 engine. Others utilized swept
sidewall compression [10], conical axisymmetric [11], inward turning axisymetric [12] (with and
without a centerbody), and fully three-dimensional [13]. These concepts all share the same
challenges in regards to high speed/hypersonic physics — and they all have about the same
performance at the design point. The discriminator between competing configurations has generally
been off design performance, operability and weight. Performance issues are often associated with
combustor flow distortion. For operation over a significant flight envelope (more than a range of a
few Mach numbers), variable geometry is inevitable. Generally this is limited to inlet contraction
and throttling the air flow to the inlet, for inlet starting, thrust control and inlet close-off. This
variable geometry is accomplished by linear movement of body panels, engine cowl, center body
plugs, or fuel injectors.

Hypersonic propulsion physics challenges include: Natural and forced boundary layer transition;
Boundary layer turbulence; Separation caused by shock-boundary layer interaction; Shock-shock
interaction heating; Inlet isolator shock trains; Cold-wall heat transfer; Fuel injection, penetration
and mixing; Finite rate chemical kinetics; Turbulence-chemistry interaction; Boundary layer
relaminarization; Recombination chemistry; and Catalytic wall effects. Each of these phenomena
must be understood and either modeled or avoided, to successfully develop a scramjet engine.
Models for these phenomena are usually developed from test data gathered in “unit™ experiments
which isolated and focus on the phenomena.

Integration of the high speed scramjet with the low speed engine — such as a turbo-ramjet — requires
blending/sharing structure, systems and flowpaths where ever possible. Interestingly, many studies
have shown the major design consideration is thrust per unit volume, not per unit engine weight for
TBCC engines. Another challenge is flight acceptance testing of these propulsion systems.



3.2 Design methods

Systems studies are required to identify potential vehicle configurations, and focused technology
development. For an airbreathing vehicle, systems studies are complicated by the highly integrated
and coupled nature of the airframe and engine [14]. Integration aspects previously discussed
confirm the need to develop the engine in concert with a specific class of vision or reference
vehicle. “Coupled” means that performance of each successive component is dependent on
performance of the previous components. For example, the nozzle component efficiency can not be
independently determined; it is dependent on flight Mach number and vehicle attitude, as well as
inlet, isolator, and combustor design, operability and performance. Therefore, the vehicle and
engine are designed together, using sophisticated analysis methods. A typical design process is
illustrated in Figure 6. This process requires a vehicle characterized to the point that meaningful
analysis can be performed. Engine and aerodynamic performance, structure, weight, systems and
packaging, and thermal management are iterated as the vehicle is “flown™ to determine the volume
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Figure 6. — Hypersonic Vehicle Design System  Table 2. — Design Methods and Vehicle Level
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of propellant “required”. Finally, the vehicle is resized to package the propellant required to meet
the mission, thus defining a "closed" configuration.

Systems analysis methods for airbreathing vehicles have evolved dramatically, yet a wide range
in usage remains. These methods can be executed at several levels [14], as noted in Table 2. This
discussion will focus only on propulsion tools. The lowest level scramjet design tool is ideal or
approximate cycle analysis. The next level is cycle analysis using plug in efficiencies which are
externally estimated or determined for a particular configuration as a function of flight Mach
number only. The next level is CFD — which has its own sublevels. If the CFD analysis is
validated by comparison with representative unit and engine component test data, it represents a
step up in fidelity. The highest fidelity is obtained by engine tests in a wind tunnel, or preferably
in flight. The wind tunnel tests are a lower fidelity than flight because the results must be scaled
by analysis to flight conditions. Uncertainty in predicted performance and operability decreases
with higher level analysis methods. At the lowest 0" level performance could easily be off by 50-
100% or more, and the engine not operable. At the highest level, performance within 1-2% is
anticipated. This table is presented as a guide to help assess the large disparity in analytical
results and projected vehicle capabilities. A good design process requires synergistic utilization of
experimental, analytical and computational analysis. Configurations discussed in section 2 were
developed using level 2 methods, and uncertainty on the order of 10% is expected. In fact, the



payload fraction for the Mach 15 first stage vehicle in Table 1 is approximately 50% of the
payload fraction estimated in the original 0" level 1965 study [3] discussed in section 1.2.

3.3 Design Optimization.

Due to the relatively small excess thrust generated by a scramjet, some method is needed to refine
designs to improved performance and to define operability limits. Scramjets are particularly
benefited by a formal optimization process because of significant propulsion-airframe
interdependence, large number of independent variables, large potential range of variables,
significant interactions, non-linearity and the current low level of design optimization. In addition, it
has been clearly demonstrated that component optimization does not provide the best engine or
vehicle. Figure of merit (FOM) in this optimization can be engine thrust, but vehicle level FOMs
are better, such as minimum vehicle size/weight for mission, cost, safety, or other system level
factors.

Several optimization approaches were considered for hypersonic systems. Design-of-experiments
(DOE) [15, 16] was selected by the USA hypersonic community because it can be used with
existing analysis and experimental methods. By using DOE, a large number of independent
variables can be investigated efficiently. DOE uses statistical methods to build polynomial
approximate models for the response (component or system performance) to multiple independent
design variables. Because of the analytical nature of these models, multiple regression analysis can
be used to evaluate these models. The performance model can either be optimized or quantified to
determine most significant design variables.

Design-of-experiments (DOE) studies within the Hyper-X community utilized the central
composite design (CCD) approach [16] to define an experimental test or analysis matrix. The
CCD technique is a part of response surface methodology [17] by which the relationship between
the response (dependent variable) and a set of independent variables can be established.
Responses are generated for all points in the test or analysis matrix. For Hyper-X, this was
accomplished either by CFD, analytical, experimental, or complete system analysis. Response
surfaces are then generated for the individual responses.

For a complicated system such as a scramjet or hypersonic vehicle, non-linearity and strong two-
parameter interactions are expected. Thus, at least three levels for each of the design parameters
are required in order to capture nonlinear effects. Therefore, a second-order model as shown in
eqn. (1) is essential: x; terms are the independent design parameters that affect the response
variable y, and the b terms are regression coefficients.
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The number of analyses or experiments for the CCD method compared to those for a full factorial
design is illustrated in Table 2 of reference [18]. Many studies focus on 8 variables, which
represent 6587 points in a full factorial design, but only require 81 points in a CCD.

An example application for design of flush wall fuel injectors [18]. included the following
independent variables: 0, Injection angle (90 degrees is normal to the wall); P, Injector total



pressure; ¢, Fuel equivalence ratio; FS, Fuel splits (film fraction of total injectant); HS, Injector
spacing to gap ratio (h/Gap — where Gap is the smallest dimension of the combustor cross section at
injector plane); M, Flight Mach number; and Xc, Combustor length (Normalized by Gap). The
CCD matrix was solved using 3-D CFD in the combustor and nozzle, and 2-D for the forebody and
inlet. Responses extracted from the solutions and modelled included mixing and combustion
efficiency, total pressure recovery and entropy, combustor wall heat transfer (peak and total),
combustor shear drag, one-dimensional variation of pressure, temperature, Mach number and flow
distortion [9] through the combustor, nozzle thrust coefficient. and combustor thrust potential [2].
An example of the response models - the fuel mixing efficiency is:

Nmix = 0.0364+0.5668 *(FS)+0.249*(HS )+0.2223%(M)+0.0002026*(0)-0. 2973*M+0.0000 1 1925*P;

+0.000203 1*(0)*M-0.3492*(FS)*(® -0.2133*(FS)*(HS)-0.003980*(FS)*(6)-0.0857*(HS )*(D)+1.696*Xc
-0.1103*(Xc"3)-0.00588*(FS)*Xc 2-0,3104*(FS)*Xc-0.4134*(HS *EXP(-24*EXP(-2*X¢))

+0.0376*(D)* EXP(-20*EXP(-2#Xc))+0.063*M*((Xc-2)*2) -0.00035%(0)* Xc"2+0.00004*P1 ;*(Xc-0.5)°0.6  (2)

This study was performed without a complete vehicle design team, so it used combustor thrust

potential to define the optimum flush wall injector design. Thrust potential is the best estimate of

engine thrust resulting from changes in fuel injector design. Figure 7 illustrates the best engine

Combustor Length / Gap

Figure 7. Typical Result from DOE Study: Combustor Thrust Potential

thrust potential from this study at Mach 10 with ¢ = 1.0. Characteristics of the “best” fuel injector
are presented in figure 7. Note that thrust potential peaks at a combustor length of 18 gaps, then
decreases if the combustor is extended. This is a result of slow fuel mixing/combustion adding less
energy than that removed by friction, heat transfer and nozzle energy lost to combustor dissociation.
The corresponding fuel mixing efficiency for this “optimum thrust™ design is about 80% at a
combustor length of 18 gaps. A combustor length of about 35 Gaps is required to achieve 95%
mixing with this injector, and the thrust loss incurred by extending the combustor is large. This
example illustrates the necessity of designing each component to benefit the system, not just the
component efficiency itself. Comparison with high quality non-reacting data has shown that the
CFD prediction of fuel mixing for this study is accurate to within 5% [19]. (This is an example of
design tools, not a recommended design solution).

3.4 Experimental facilities, measurements and test methodology

Scramjet engine and hypersonic vehicle development requires an integral design and systems
engineering approach. Experimental testing is utilized for developing an understanding of physics,
developing models, and validating design concepts and design tools. The enthalpy and pressure
requirements for hypersonic combustion simulation are summarized in [9]. The sensible total
enthalpy of flight increases from 6 to 12 Ml/kg as flight Mach increases from Mach 10 to 15. The
forebody flow field and inlet compression process reduce the local Mach number and raise the flow
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static pressure along a nearly constant total enthalpy path. The combustor entrance Mach number,
stagnation temperature, and stagnation pressure for Mach 10 flight simulation are 3, 3800 K, and
100 atm, and for Mach 15 are 5, 7000 K and 2000 atm. respectively. As pointed out above,
combustion heat release produces about the same energy increment as the air kinetic energy at
Mach 8. Thus, simulation of supersonic combustion flow conditions for propulsion studies in
ground test facilities often utilizes so-called direct-combustion heating with oxygen replenishment
as a means of generating the test environment. Other sources of energy such as storage heaters,
electric arc heaters, or shock compression can also provide the required energy and pressure levels
for some tests. Combustion heated facilities and combustion heated storage facilities are capable of
generating enthalpy and pressure requirements for simulation to about Mach 8. Arc heated facilities
are capable of extremely high enthalpy, but are limited to 50 atmospheres pressure, about Mach 8
requirements. Shock heated wind tunnels are required for higher flight Mach simulation. Reflected
shock tunnels, with stagnated test gas expanded in converging-diverging nozzle, are capable of a
few millisecond test time, at up to about Mach 10 flight simulation; expansion tunnels are capable
of flight simulation to over Mach 15 with less than one millisecond test duration.

Four types of scramjet testing are generally performed: Unit problems — to understand the
hypersonic flow field physics; Component tests — to verify inlet, isolator, combustor or nozzle
component performance and operability before testing the complete engine; Integrated flowpath
(inlet, combustor nozzle including or not including vehicle effects); And engine tests — to verify the
thermal management heat exchanger durability, engine structure, and systems.

Some unit experiment simulations require full enthalpy. Boundary layer transition, shock
impingement heating, and fuel mixing simulation requirements do not necessitate full enthalpy.
However, combustion and recombination finite rate chemistry unit studies require full enthalpy.
Component testing of inlets, isolators and nozzles to some extent, allow partial simulation of
enthalpy at full Mach and Reynolds number. Simulation of the combustor, or the nozzle
recombination chemistry, or component integration requires full flight enthalpy. Four methods of
scramjet engine and/or flowpath testing are typically utilized: direct-connect, semi direct connect,
semi free jet, and free jet tests.

Direct-connect tests are utilized for combustor or combustor nozzle integration studies and
combustor nozzle thermal/structural validation. The scramjet combustor (or inlet isolator) is
connected directly to the test gas heater by a supersonic facility nozzle, to provide the correct Mach,
total pressure and enthalpy of the air flow. This approach allows the highest flight Mach number
simulation for any pressure-limited heater, by bypassing inlet losses. Semi-direct-connect
experiments are similar — although the combustor does not capture all of the heated airflow. This
approach is useful to bypass hardware development. These two approaches are useful for combustor
development, but do not provide the inflow required to refine the combustor design, or assess inlet
interaction (issue only at lower Mach, M<8). Integrated flow path or engine testing is generally
performed using the semi-free-jet approach. The engine module (internal flowpath) is fully
replicated, but the external inlet and nozzle parts of the vehicle are only partially or not at all
included, allowing a larger scale test. This approach has been used extensively in the USA, and is
discussed in numerous papers [20-22]. Free-jet testing includes the entire length of the engine
flowpath, generally from the vehicle nose to tail. This type of test can only be performed at small
scale or for small engines. The NASA Hypersonic Research Engine, the Central Institute of
Aviation Motors (CIAM) scramjet [23] and the X-43 full vehicle were all tested in this fashion.

Measurements in high enthalpy and pressure supersonic or hypersonic flow are difficult. Therefore

measurements are generally limited to pre combustion flow surveys, forces and moment, wall
pressure and temperature, and non-intrusive optical approaches. Much of the information of interest
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must be deduced from measurements which are sensitive to competing unknowns. Wall pressure,
the easiest measurement, is dependent on combustion, shear, heat transfer, fuel injection, mixing
and shock entropy losses. Some of these effects can be measured, others modeled, but the net effect
is increased uncertainty on combustion efficiency deduced from wall pressure measurements. Never
the less, this deduced combustion efficiency has proven adequate at lower Mach numbers, in
continuous flow facilities. At higher speeds this deduced combustion efficiency becomes large, as
the impact of combustion on pressure rise becomes smaller. An in-depth study of measurement
requirements was performed by Bittner [24, 9]. This study showed that for flight Mach 10-15
scramjet designs, fuel mixing and combustion efficiency are the most important combustor
performance parameters (i.e., engine thrust is about proportional to combustion efficiency).
Considering the measurement uncertainty and sensitivity of indirect measurements for deducing
mixing and combustion efficiency, Bittner concluded that these performance parameters must be
directly measured. The best experimental measurement for determining combustion efficiency is
combustor exit water mass fraction (determined by line-of-sight laser absorption), and for mixing
efficiency, is fuel mass fraction distribution. Bittner demonstrated, by evaluation of typical CFD
solutions, that 3 or 4 - 0.50 mm diameter laser absorption paths for a combustor with 3 cm gap are
adequate to resolve the combustion efficiency at any cross section to +/- 5 percent uncertainty. To
isolate finite rate chemistry from fuel mixing completeness, a measure of fuel mixing is also
important. Bittner’s recommendation was to use the process Rogers [25] defined as fuel plume
imaging, by tracing the injected fluid with very small (0.2 microns in diameter) particles.
[llumination of a cross plane in the flow with laser light can then produce a Mie scattering image of
the particles which can be recorded with a fast electronic camera and thus visualize the fuel
distribution in the experiment. The local amount of reflected light in each image, normalized by the
average reflected light in each plane, becomes a measure of the local fuel concentration relative to
the average concentration in the overall bulk flow. Thus, this technique allows a quantitative
measure of the fuel distribution to be determined with successive pictures at successive planes
downstream from the injection location in the duct. This method has been shown consistent with
CFD to less than + 10% uncertainty.

3.5 Flight Testing

Flight testing remains an important element in hypersonic propulsion and vehicle development.
Flight not only provides the real environment, it also requires a different look at priorities. In wind
tunnels, fuel equivalence ratio is important and thrust produced is secondary — in flight thrust is the
priority, and how you get it is secondary. In the wind tunnel testing, engine pitching moment and
lift are interesting concepts, and occasionally measured. In flight pitching moment is critical to
vehicle survival. In the wind tunnel, inlet starting is an exercise about the ideal design condition — in
flight it is a multidimensional challenge involving not only the current flight condition, but the flight
history. Flight is expensive, and the benefits are not fully known. Flight testing immature concepts
is expensive, high risk, and gives flight testing a bad reputation. But flight testing previously
developed and wind-tunnel tested concepts is essential to completing the technology development.

3.6 Technology Development Tracking.

Significant advancements in hypersonic technology were made over the past 50 years. These
technologies address hypersonic airframe, engine and systems development. The state of techno-
logy, expressed by Technology Readiness Level (TRL), was documented by the National
Aerospace Plane Program [26] (NASP), NASA Langley Research Center [27] (LaRC), NASA
Space Launch Initiative’s Next Generation Launch Vehicle Technology program [28], the 2004
National Research Council (NRC) review [29] of The National Aerospace Initiative (NAI)
Hypersonics Pillar, and Boeing [30]. A typical vehicle-based work breakdown structure (WBS)
used to guide TRL tracking [28] of hypersonic launch vehicle technology development progress is
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presented in Appendix A of reference [31]. A work breakdown structure (WBS) is required to
define the system elements or needed products to assure that the reported TRL is relevant. Tracking
technology development is important to help focus development. It is also important for the end
user to assure technology is truly ready for application to his needs. NASA research was established
to elevate the TRL to “6”, i.e. test of integrated system in a relevant environment — at which point it
may be considered for system development [32].

Technology status for the Mach 7 first stage of a two stage-to-orbit launch system and estimates to
complete the technology will be discussed in the final section of this paper.

4.0 HISTORICAL PERSPECTIVE

Early history of scramjet development is documented by Curran [33] and Anderson [9]. A well
known Air Force view of what followed the early feasibility studies is of cyclic “fits and starts™
[34]. This resulted from over zealous efforts to simultaneously develop and apply hypersonic
technology to programs which were on a classical 5-year development cycle. NASA perspective is
of an incremental development process, which benefited from the “fits and starts™ to fund major
advancements.

NASA has, for nearly 50 years, funded hypersonic airbreathing vehicle technology development,
aiming at futuristic space launch capabilities. NASA’s activities can be divided into five generations
of technology development. The first was associated with the DOD Dyna Soar/Aerospace Plane and
NASA’s focus on developing hypersonic vehicle technology. This phase included hypersonic
airframe and engine, aerothermodynamics, structures and propulsion performance. The propulsion
focus was proof of scramjet cycle efficiency, flight weight engine structure, and engine system
integration. Starting in the mid 60’s, NASA built and tested a hydrogen fueled and cooled scramjet
engine [11] which verified scramjet cycle efficiency, structural integrity, first generation design
tools and engine system integration. The axisymmetric engine selected allowed a low risk approach
to validate the scramjet cycle and elementary design tools of the day.

NASA’s second generation hypersonic technology starting in the early 1970’s focused on scramjet-
airframe integration [10]. NASA designed and demonstrated, in wind tunnels, a fixed-geometry
airframe-integrated scramjet “flowpath™ and companion vehicle capable of accelerating to Mach 7.
In the process, wind tunnels, test techniques, leading-edge cooling, and analytical methods were all
advanced, and 3-D CFD was first applied to the scramjet reacting flow.

Starting in the early 80’s, NASA teamed with the DOD in the National AeroSpace Plane (NASP)
Program to advance and demonstrate hypersonic technologies required for a scramjet based
combined cycle powered, single-stage to orbit (SSTO) launch vehicle. Under the NASP program
NASA focused on technology development and risk reduction, including: system analysis,
aerodynamics, flight controls, high temperature structures, aerothermodynamics, hypersonic
physics, scramjet engine detailed analysis and testing, hydrogen cooled engine structure, and
hypersonic flight testing.

Following NASP, NASA’s fourth generation hypersonic technology development focused on flight
validation of hypersonic technology and evaluation of alternate concepts (rather than SSTO) for the
next generation of space access. Flight tests included a scramjet [23] designed and flown by the
Central Institute of Aviation Motors (CIAM), a low-speed takeoff and landing version of the X-43
[35], and finally the X-43 at Mach 7 and 10. Highlights of the X-43 flight program are presented in
the next section. All of these tests demonstrated the need for flight testing to re-focus technology
development. They also prove that flight testing does not have to be expensive. Evaluation of



alternate, near term space access configurations was instrumental in developing advanced system
analysis methods, particularly assessment of system level benefits, and system engineering tracking
of technology development status and requirements.

Fifth generation hypersonic technology development within NASA started in 2005. President
Bush’s unfunded redirection of NASA to manned space exploration resulted in significant
programmatic changes within NASA aeronautics and sciences. NASA management was required to
maintain NASA’s unique hypersonic capability (manpower and some facilities). and did this by
refocusing on low-cost in-house low-TRL research studies [32, 36]. avoiding even low-cost high
payoff higher TRL efforts such as developing a durable metallic scramjet combustor as mentioned

in section 6.0. Fortunately, DOD is continuing hypersonic technology advancements within some of

the National Aerospace Initiative (NAI) [6] programs, and some NASA’s expertise is being applied
to support these DOD programs, particularly the USAF X-51 missile research demonstrator [37].

5.0 X-43 FLIGHT HIGHLIGHTS

5.1 Hyper-X Program Development

NASA developed the concept for the Hyper-X Program and X-43 vehicle in 1995/96 in response to
several “blue-ribbon™ panel recommendations that flight demonstration of airframe-integrated
scramjet propulsion be the next step in hypersonic research. The experts agreed that at a minimum
and as a first step a vehicle must fly with scramjet power to validate airframe-integrated scramjet
performance and design methods. A two-phase flight and ground based research program was
approved by the NASA administrator in 1996: focus of the first phase was the X-43; focus of the
second phase was to be development and flight test of the “low speed™ turbojet engine integrated
with the scramjet forming a complete hypersonic propulsion system. This section discusses
accomplishments of the Phase 1 program. The next section presents results from the planning for
the Phase 2 program.

The NASA Hyper-X Program employed a low cost approach to design, build, and flight test three
small, airframe integrated scramjet-powered research vehicles at Mach 7 and 10. The Hyper-X team
developed the X-43 phase | vehicle [38] as a small-scale, hydrogen-fueled research vehicle to
provide flight data for an airframe-integrated scramjet engine flowpath. (The engines were heat sink
cooled to meet program budget and schedule. Regenerative cooling was not needed due to the short
test times afforded with a small vehicle.) In addition, data were obtained for aerodynamic, thermal,
structure, guidance, flush-air-data-system and integrated system analysis design method validation.
Test plans called for boosting each of three X-43 research vehicles to the required test condition by
a drop-away booster. The research vehicles were dropped from the NASA B-52, rocket-boosted to
test point by a modified Pegasus first stage, separated from the booster, and then operated in
autonomous flight. Tests were conducted at approximately 30 kilometre altitude at a nominal
dynamic pressure of 0.47 atm (1000 psf). The resulting vehicle was 3.7 km long and weighed about
1270 kg. Development of the X-43 and its systems are well documented [23, 38-49]. The first Mach
7 flight was attempted June 2, 2001. This flight failed when the Pegasus booster went out of control
early in the flight. The second and third flights were successfully conducted March 27 and
November 16, 2004. This section provides an overview of results (with engine focus) from the
second and third flight of the X-43. Details of the launch vehicle development. verification,
validation and integration, flight operations [50-54] and other results are well documented.

5.2 Flight Test Trajectory

For the second (Mach 7) flight (F2) the launch vehicle was dropped from the B-52 flying at Mach
0.8 and 12.2 km altitude. The booster ignited after a 5-second free fall. The launch vehicle executed
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a 1.9g pull-up, followed by a 0.7g pushover to achieve nearly level flight at 30 km. altitude.
Following burnout, stage separation, and X-43 vehicle stabilization, the engine cowl was opened for
about 30 seconds: 5 seconds of fuel-off tare, 10 seconds of powered flight (at about Mach 6.83 and
dynamic pressure of 463 atm), another 5-seconds of un-powered steady tare, followed by 10
seconds of Parameter IDentification (PID) maneuvers [55]. The PID maneuver was designed to
quantify the aerodynamic stability and control parameters for the vehicle, including drag, to allow
more accurate estimation of the engine thrust. After the open-cowl PID maneuver, the engine cowl
closed, and the vehicle flew a controlled descent over 560 km to “splash-down™ in the Pacific
Ocean. PID maneuvers were flown at various Mach numbers as the vehicle slowed and descended.

The third flight (F3) trajectory was somewhat different. The B-52 flight conditions were the same.
However, the launch vehicle executed a 2.5g pull-up to a flight path angle of over 30 degrees,
followed by a 0.5g push over to achieve nearly level flight at 33.5 km altitude. Following burnout,
stage separation, and stabilization of the X-43 vehicle, the engine cowl was opened for about 20
seconds: 3 seconds of fuel-off tare, 11 seconds of powered flight (at about Mach 9.68 and dynamic
pressure of 0.439 atm.), and another 6-seconds of un-powered steady tare. (No cowl open parameter
identification maneuvers were performed due to cowl survival concerns that necessitated closing the
cowl immediately following the cowl open tare.) The engine cowl closed, and the vehicle flew a
controlled descent over 1600 km to a “splash-down” in the Pacific Ocean. During the descent PID
maneuvers were successfully performed [56] at successive Mach number as the vehicle slowed
down.

5.3 Instrumentation, Measurements and Data

The X-43 vehicles were well instrumented. Instrumentation included over 200 measurements of
surface pressure, over 100 thermocouples to measure surface, structural and environmental
temperatures, and discrete local strain measurements on the hot wing and tail structures. The flight
management unit included accurate 3-axis measurements of translational acceleration and angular
velocity, along with Global Positioning System and control surface deflection measurements.
Instrumentation density is illustrated in figure 8 by external and internal wall pressure and
temperature on the lower body surface. Internal engine instrumentation, within the cowl on the body
side is denser to capture internal flow details (shock waves) within the engine.
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Figure 8. X-43 Instrumentation and Measurements (Circle — pressure; Square — Temperature)

All of the data from the X-43 flights were successfully telemetered and captured by multiple air
and ground stations. The instrumentation health and performance were excellent: very few lost



instruments/parameters; very low noise content; no significant calibration issues; no significant
delay or time lag issues; and extremely limited telemetry stream drop outs. Accuracy of these
measurements benefited from day-of-flight atmospheric measurements by weather balloons.
These measurements were used in flight trajectory reconstruction [57], and resulted in a small
change in calculated Mach number and dynamic pressure vis-a-vis real time values determined
from atmospheric tables and winds from historical atmospheric tables. Flight 2 best estimated
trajectories (BET) resulted in higher dynamic pressure and Mach, but only a trivial change in
AOA. Flight 3 BET resulted in lower dynamic pressure and higher Mach and AOA. The flight
test data from both flights F2 and F3 fully satisfied the Hyper-X Program objective to validate
experimental, analytical and computational design methods, plus demonstration of positive
acceleration under scramjet power.

5.4 Stage Separation

Following the rocket motor burnout, the launch vehicle targeted flight conditions for stage
separation: 0° angle of attack (AOA-alpha) and yaw (Beta); zero pitch, yaw and roll rates: and
dynamic pressure of 0.47 atm. The indicated Mach was slightly low for flight 2. Post test analysis
indicates that off-nominal rocket motor propellant temperature was the major factor affecting
burnout and hence the reduced Mach number at F2 stage separation. The research vehicle
separation from the booster was executed cleanly [57]. The X-43 attitude was within less than 1-
sigma uncertainty from the predicted nominal by pre-flight Monte Carlo analysis.

5.5 Scramjet Powered Flight Control

For flight 2, the X-43 was commanded to fly at 2.5° angle of attack during the cowl-open portion of

the flight. However, as the fuel was turned-on/off, and throttle adjusted, the engine pitching moment
changed significantly. Figure 9a illustrates the measured angle of attack—from cowl open to fuel
off and the start of the Mach 7 PIDs. During the scramjet-powered segment, the AOA was
maintained at 2.5° + 0.2°, except during flameout, which occurred as the fuel was shut off. (The
flight control system included some feed-forward control). For flight 3, the vehicle was commanded
to fly 1.0° angle of attack during the cowl open segment. The vehicle control was about the same. as
illustrated in figure 9b. For both F2 and F3 the fuel sequencing for powered flight started with a
silane/hydrogen mixture to assure ignition, then transition to pure hydrogen fuel. The ignition
sequence for F2 required about 1.5 seconds. With transition to pure hydrogen fuel, the engine
control was designed to ramp the throttle up (increase fuel mass flow) to either a predetermined or
controlled maximum value (limited by inlet unstart monitor), and then decreased as the fuel was
depleted. The resulting vehicle performance is characterized by vehicle acceleration, as shown in
figure 9. The ignition sequence for F3 was different—the silane remained on for the first two fueled
conditions, requiring 5 seconds of silane pilot. Then the same fuel equivalence ratio conditions were
tested with only hydrogen. This cautious approach was taken because it was not possible to
transition from piloted to unpiloted operation in the short test time available in shock tunnels, and
some unpiloted wind tunnel data had poor combustion.

5.6 Scramjet Engine Performance

Gray bands in figure 9 illustrate pre-test Monte Carlo predictions of acceleration and angle of attack
about the nominal prediction (dashed line). The heavy solid line depicts flight data trends. The
vehicle deceleration is greater than predicted [58], both with cowl closed and open. This is because
of two factors: actual flight conditions (2/3 of the difference); and vehicle drag was higher than
predicted (1/3 of the difference). However, the drag was within the uncertainty associated with the
aerodynamic database. The uncertainty was not resolved before flight because it did not threaten the
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outcome of the engine tests. Under scramjet power the F2 vehicle acceleration was positive, and
varied with throttle position. The increment in acceleration is about as predicted, which confirms
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Figure 9. X-43 vehicle acceleration and angle of attack (AOA)

the predicted engine thrust to within less than 2% (ref. 5 and 6). It should be noted that the engine
throttle was varied over a large range without incurring engine “un-start” or “blow-out.” Under
scramjet power the F3 vehicle cruised (thrust = drag) at the reference fuel equivalence ratio with 2%
silane pilot, and the engine force was in agreement with predictions [58].

5.7 Validation of Scramjet Design Analysis

Predicted scramjet performance is also confirmed by the excellent comparison of pre-test
predicted and flight scramjet flowpath wall pressure (fig. 10). Data are presented from vehicle
nose to tail for F2 (fig. 10(a)), and from cowl leading edge to cowl trailing edge for F3 (fig.
10(b)). Mach 7 data showed the scramjet operating in “dual mode,” with sonic flow in the isolator
dissipating the inlet shocks at the design throttle position. Mach 10 data exhibits classical pure
supersonic combustion mode, i.e. the combustor pressure is shock dominated. The pre-test
prediction for Mach 7 was made using the coupled CFD-cycle code SRGULL [59-61], with
combustion efficiency determined by analysis of multiple wind tunnel tests, most notably the 2.5
meter diameter test section of the 8-Foot High Temperature Tunnel (HTT) test [46] of the Hyper-
X Flight Engine (HXFE) on the Full Vehicle Simulator (FVS). The Mach 10 pretest prediction
was performed using a combination of CFD tools, with the SHIP code [62] used for the
combustor. The SHIP code is space marching with uncoupled reaction modelling — both to reduce
solution times and allow very fine grid resolution for the complex shock structure. The reaction
efficiency used in the SHIP code was derived from analysis of engine tests conducted in the
HYPULSE and LENS reflected shock tunnels. Storch [59, 63] and Ferlemann [64] present a
detailed discussion of these codes and the pretest predictions for F2 and F3 respectively
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Figure 10. Comparison of engine body side wall pressure with pre-flight predictions

Post test analyses of the flight data model the “as flown™ trajectory to assess thermal loads, inlet
mass capture, boundary layer state for boundary layer transition assessment. and to assess the
overall vehicle drag, engine force, and vehicle acceleration at exact flight conditions/control
positions. Complete nose-to-tail CFD solutions for the actual F2 flight condition include solutions
for closed cowl, cowl open, and powered operation, (fig. 11). These solutions show excellent
agreement with flight acceleration data.
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Figure 11. Post Test CFD Analysis

5.8 Validation of Scramjet Experimental Methods

Flight 2 (F2) data compare favorably with measurements made in four separate wind tunnel tests
[63] and F3 flight data compare favourably with results from both the HyPulse and LENS shock
tunnel tests [64]. Tests with nearly identical values of fuel equivalence ratio were selected for
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comparison. Wind tunnel wall pressure measurements were scaled by air mass capture ratio to
flight conditions. Flight air mass capture is calculated by 3-D CFD analysis of the forebody.
Figure 12 illustrates the resulting comparison of internal wall pressure for the 8-Foot High
Temperature Tunnel test of the Hyper-X Flight Engine (HXFE) on the Full Flight Vehicle
Simulator (FFS). Similar agreement was noted between flight data and data produced using semi-
free jet engine module tests in shock heated, combustion heated and electric arc heated wind
tunnels. Storch [59] discusses the implication of this agreement, and the impact on observed
combustor performance.
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Figure 12. Comparison of flight and Wind Tunnel Data.

Rogers [65] reported a similar trend for the Mach 10, flight 3 data. Results show that ground tests
are representative of flight when careful attention is paid to modeling the important flow
phenomena. The most significant issues identified for shock tunnel testing are cold wall temperature
limitation and attention to correct shock position entering the combustor for the shock-dominated
“pure” scramjet operation. This means that the vehicle/engine geometry may have to be changed for
tests in typically non-uniform shock tunnel flow fields to truly represent important flight features.
This was successfully demonstrated by Rogers [65].

5.9 Hypersonic Boundary Layer Transition

Design of the X-43 research vehicle structure and thermal protection system depended greatly on
accurate estimation of the aerothermal environment, which required understanding of the boundary
layer state during the entire flight. For good engine operation, boundary layer flow entering the inlet
cannot be laminar. For the X-43, boundary layer trips were required to insure the inlet boundary
layer was turbulent to limit flow separations due to adverse pressure gradients. A substantial
research and design effort [45] was executed to ensure proper sizing of boundary layer trips with
minimum induced trip drag, excess vorticity and induced heating. The vehicle upper surface,
however, was predicted to be laminar during the scramjet test, based on a pre-flight trajectory, using
a classical transition methodology (momentum thickness Reynolds number over the boundary layer
edge Mach number of R.y/M. = 305). Figure 13 provides upper surface temperature time histories
during the first 350 seconds of flight 2 trajectory from the point of release from the B-52. The three
upper surface thermocouples were evenly spaced along the vehicle centerline starting about
midpoint for T/C#19 and ending near the trailing edge for T/C#21. Note that by the time the cowl
opens and the scramjet is ignited, the entire upper surface appears to be laminar, as indicated by the
dramatic temperature decrease that begins at about 70 sec. Likewise, at about 240 seconds the
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boundary layer transitions from laminar to turbulent as the vehicle slows. The pre-flight predictions,
using the classical approach, were accurate (300+12) in estimating these latter transition points
along the flight trajectory. However, the transition from turbulent to laminar earlier in the flight
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Figure 13 — Natural Boundary Layer Transition

occurred at a local R,/ M. = 400. Thus the laminar to turbulent and turbulent to laminar transition
criteria are not the same, and the X-43 measurements provide flight data that quantify the hysteresis
effect [66]. The first transition, from turbulent to laminar, represents the condition for which the
transition model was developed - the high heating condition encountered as the hypersonic vehicle
accelerates within the high dynamic pressure airbreathing corridor. These results show that the
classical boundary layer transition model was not appropriate for application to the boost trajectory.
It is hoped that the new, more advanced “physics — based™ methods for boundary layer transition
can be applied correctly to this problem.

Post test analysis determined the engine efficiency (specific impulse) achieved in the X-43 flights,
and “scaled” that value to a vision vehicle performance, by removing effects of small physical
(viscous dominated) scale, cold fuel, cold engine wall temperature, off-nominal fuel equivalence
ratio, operating dynamic pressure, etc. The scaled specific impulse is within the capability band
projected for scramjet engines, as indicated by the square symbols in figure 1. The specific and
effective impulse demonstrated by the X-43 has set the bar for follow-on vehicle configurations.

5.10 Validation of Vehicle System Analysis

As discussed herein and in [67], most of the measurements and performance results from the two
successful flight tests confirm the design methods, test methodologies, and capabilities of proposed
hypersonic air vehicles. Most of the measured performance values were within predicted
uncertainties. This included propulsion performance and operability, aerodynamic forces and
moments, stability and control, aero thermal heating, structural responses, and the complex
mechanics of high Mach, high dynamic pressure, non-symmetric stage separation. Included in this
hypersonic environment are many physics challenges, discussed in section 3.1. Most of these
phenomena were modeled in the design tools. Others were avoided by application of a large
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uncertainty. Success of the X-43 demonstrates an engineering level understanding of the hypersonic
physics. A better understanding of the physics might be beneficial for reducing the uncertainty in
optimization of vehicle performance—but the current understanding is clearly adequate to continue
higher-level technology development and integration. Design and analysis tools demonstrated in the
Hyper-X program are clearly adequate for hypersonic vehicle development.

5.11 Technology Achievements

Technology achievements [67] of the X-43 include the first ever test of a scramjet-powered vehicle
in a wind tunnel and in flight. The flight also proved the performance, operability and control of an
airframe integrated engine — vehicle system. In addition, these results provide information which
will allow higher fidelity (i.e. reduced uncertainty) in future system studies. Data and performance
from the flight test verified engineering application of the NASA — Industry — University
hypersonic vehicle design tools. To support this development, NASA’s HyPulse facility at GASL
was modified to be the first facility capable of operation in both reflected and expansion tunnel
mode, allowing scramjet testing from Mach 7 to Mach 15 plus in a single wind tunnel.

5.12 Lessons Learned

Lessons learned from the Hyper-X Program’s X-43 flight are infinite and remain a permanent part
of the experience base of each participant. From a management perspective several lessons should
be noted. First, a lesson handed down over generations — build on the shoulders of Giants, not
babies (the “not invented here” approach). This includes selecting the team to execute the program,
as well as selecting the configuration and approach to minimize new technology development
requirements. Second, plan the program to fit budget and schedule, with a healthy reserve of both.
Next, fight requirements creep. Fourth, utilize a small team of ‘hands-on” experts, and empower
them, but maintain good communication (even co-location) with and between them. Finally, beware
of outside experts and strap hangers, carefully consider recommendation before including them in

program changes.

From a technology perspective the major lesson is that a scramjet powered vehicle performs as
advertised. A close second was that going to flight required all disciplines to sharpen their pencils.
For example, early NASA predictions for scramjet pitching moment were off by over 25%, and
the first prediction of stagnation heating did not include real gas effects. Regarding scramjet
technology, flight performance was better than obtained in reflected shock tunnels — probably due
to the higher wall temperature in flight. Combustor isolator pressure rise was slightly greater in
wind tunnel than in flight. The biggest surprise came from the most mature technology —
boundary layer transition. Hysteresis effects had not been considered in the classical boundary
layer transition modelling. So, in effect, the boundary layer transition models developed over the
past 40 years for the server ascent flight of airbreathing hypersonic vehicles were shown to be
only appropriate for re-entry vehicles, not the airbreathing hypersonic vehicle flight corridor. A
similar lesson was learned from the CIAM/NASA scramjet flight test [68, 69]. Analysis at the
design Mach 6 flight test condition (top and left side of figure 14) predicted excellent inlet flow
despite rather strong internal shock waves. Flight data and post test analysis showed that the inlet
starting process created a large separation bubble (right side of figure 14) at lower flight Mach
number, and the separated flow remained at the design point.

6.0 FUTURE NEEDS AND CHALLENGES

This section addresses the question: “After the successful flight test of the X-43 scramjet-powered
vehicle, what is the TRL for a near term hypersonic vehicle, and what needs to be done next?"
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Technology status for the Mach 7 first stage vehicle of a TSTO system is summarized in figure 15.
Clearly the technology set for a Mach 7 vehicle is less challenging than for the SSTO or higher
Mach air-breathing first stage of a two-stage-to-orbit concept. For example, all of the airframe
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technologies are at least TRL 5-6 and required propulsion performance is at least TRL 5-6.
Programs to complete the technology to TRL 6 were recently estimated by a NASA planning
activity for the Hyper-X Phase 2 Program. Details of the airbreathing propulsion technology
shortfalls (TRL < 6) for the first stage Mach 0-7 vehicle are discussed in the following sub-sections.
Other technology short falls not included herein - High Temperature Materials and Thermal
Protection System (TPS); Propellant Tanks; Integrated Vehicle Design and MDO Tools; and
Expander Cycle Linear Aero-spike Rocket - are discussed in reference [31, 67].

This propulsion discussion continues to assume that the first application space access vehicle will
incorporate the turbine-based combination cycle engine system — i.e. a two-flowpath engine in
either an “over-under” arrangement or separately integrated into the airframe. The low-speed engine
is assumed to be the NASA/GE Revolutionary Turbine Accelerator (RTA) [70] or equivalent
hydrocarbon-fueled turbo-ramjet engine, with uninstalled thrust-to-weight (T/W) of about 10. This
engine must dash to Mach 4, with about 2-minute full power operation required above Mach 2.

The high-speed engine is a quasi two dimensional hydrogen-fueled and cooled dual-mode scramjet.
Extensive databases exist for flowpath designs for good engine performance and operability, from
Mach 4 to 7. Key technical challenges for the dual-mode scramjet are low Mach number (M<4)
performance and operability (TRL 4-5); demonstration of durable fixed or variable geometry
metallic structure and seals (TRL 5); development and demonstration of robust engine controls for
large operating range; optimization of aero-propulsion integration, and development of a 2000 psi
expander cycle hydrogen fuel pump. The limited vehicle flight envelope may allow fixed geometry
within the ram/scram flowpath, but variable geometry approaches are at reasonable levels (TRL 4-
5) if needed. A hydrogen fuel-cooled flight-weight engine must be tested to verify engineering
prediction of system durability. These experiments will provide a test bed for instrumentation to
support future integrated vehicle health management. This development testing should be possible
at small scale in an existing wind tunnel. Based on lessons learned in these systems tests, methods
of testing critical flight-weight components at large or full scale using existing facilities must be
developed. This will likely be direct-connect tests of the integrated isolator, combustor and nozzle,
because the inlet shock structure is not critical to thermal loads and combustor performance at these
lower Mach numbers. By limiting the maximum Mach number, this approach may be possible with
existing facilities, whereas it will not be possible for Mach 10-15 concepts. By limiting the Mach
number to 7, existing ground test facilities may be used to bring durable scramjet engine component
technology toward TRL 6. Life cycle can be demonstrated at modest scale in combustion-heated
facilities (like the 8ft. HTT), which allow sufficient test time for the structure to reach near
equilibrium Mach 7 temperature. Flight mission-length duration tests can be performed at smaller
scale. If the flight engine is broken into small enough segments it may be possible to actually do
these full-mission simulations in wind tunnel tests.

Two additional propulsion technical challenges must also be addressed. Integration of the turbojet
and scramjet into a TBCC engine system (WBS 2.06) is a significant technical challenge (TRL 3-4).
Integrated propulsion-airframe design/performance evaluation and thermal management (WBS
1.03) are also at a low TRL. This integration should be verified by tests in wind tunnels—a
“relevant environment.” Wind tunnel tests of turbojet engines are acceptable system demonstration
for TRL 6. The Mach 7 flight of the X-43 demonstrated that wind tunnels are a relevant
environment for scramjet demonstration to TRL 6. Therefore TBCC engine tests in wind tunnels
meet the TRL 6 (relevant environment) requirement. However, continual variation of flight Mach
number from sea-level-static to Mach 7 can only be performed in flight. Also, flight forces closer
attention to details often overlooked by “physics based” analysis and wind tunnel tests. Low cost
methods of testing and/or demonstrating these technologies may be possible. The simplest may be
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to fly the integrated system on a rocket booster, like the Russian Central Institute of Aviation
Motors scramjet flying laboratory. However, a recovery system will be needed due to engine cost.

Integrated TBCC powered hypersonic vehicle TRL level of 6 cannot truly be achieved without a
near-full scale flight test vehicle. However, completion of the above technology development
provides a strong case to move to a large-scale research or prototype vehicle. Without first
completing the above technology development and ground tests, a large scale research or prototype
vehicle program may be doable, but it will be high risk.

Flight-testing is a natural evolution of any new aeronautical technology. Flight drives integration of
all technologies required to complete a system which are generally developed separately before
going to flight. Flight identifies challenges not generally known beforehand (unknown-unknowns).
Flight generates customer, political and public interest. When to introduce flight-testing into a
technology development program is an issue for thoughtful discussion. If funding is not highly
constrained, flight-testing can move technology at a system level forward at a faster rate than
possible without flight testing. If funding is constrained (as usual), careful consideration must be
given before committing to flight research, or calling a technology development program a flight
test program too early in its development. Whatever budget unfolds, flight must be a part of
hypersonic air-breathing technology development. The challenges and successes associated with
flight-testing will continue to attract bright students into the sciences and engineering. Flight-testing
will be required for a few of the technology needs discussed.

7.0  SUMMARY AND CONCLUSIONS

Technology advances within the USA and around the world prove that efficient hypersonic flight is
possible. The greatest benefit to mankind will be in space access applications. Development of safe,
affordable, reliable, and reusable launch vehicles holds great promise as the key to unlocking the
vast potential of space for business exploitation. Only when access to space is assured with a system
that provides routine operation with orders-of-magnitude increased safety and at affordable cost will
businesses be willing to take the risks and make the investments necessary to realize this great
potential. Other applications - to military missions - are inevitable, and may be required to complete
the transition from research to the commercial sector, and to convince the remaining sceptics.
Exciting challenges remain, both technical and political.
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1.0 INTRODUCTION : OPPORTUNITIES PROVIDED BY DIFFERENT
CYCLES

The present lecture relates to high-speed aircraft and space-launch vehicle propulsion, specifically to
methods of the performance and thrust enhancement of turbojet engines and combined-cycle engines
(when they are used in such vehicles). Methods for enabling these engines to operate effectively at
higher speeds and higher altitudes will be examined.

Missions for trans-atmospheric vehicle include high-speed, long-range transports, military strike and
reconnaissance aircraft, as well as orbital space transports, Reference 1. These extreme missions place
severe demands on propulsion systems. They must deliver very high performance to efficiently
achieve high velocities. They must also function from very low velocity during takeoff at sea level, to
orbital velocities beyond the atmosphere.

Trans-atmospheric vehicles generally use a combination of air-breathing and rocket propulsion. Air-
breathing systems are valuable since they gather a significant fraction of their propellant from the
atmosphere. This reduces the quantity of propellant that must be stored onboard and increases overall
vehicle efficiency. Consequently, air-breathing propulsion is often used to the maximum extent
possible before exiting the atmosphere, where acceleration to final velocity is under rocket power.

Turbojet engines are attractive for such applications due to their high efficiency, as well as their
operational flexibility. They are particularly valuable during takeoff and landing where their high
efficiency at low speeds is critical. However, conventional turbojets are limited in their ability to
operate at the high speeds and altitudes associated with trans-atmospheric flight. To extend the
velocity and altitude that can be reached using air-breathing engines, a series of combined-cycle



approaches have been suggested. These cycles combine the positive attributes of turbojet engines with
rocket engines or other air-breathing cycles, including ramjets and scramjets. Some of these cycles are
considered in this lecture.

Usually, air-breathing cycles are characterized by relatively low thrust-to-weight ratios. This is
acceptable for missions where propellant economy during long periods of atmospheric cruise is
important. However, trans-atmospheric and space-launch missions are generally dominated by
acceleration requirements where high thrust is often more advantageous than specific impulse. This is
due to the increase in gravity and drag losses during extended acceleration periods. Consequently, an
increase in engine thrust, even at relatively low specific impulse, can result in decreased overall
propellant consumption since acceleration time decreases out of proportion to the increase in
propellant flow.

To address the problem of low engine thrust-to-weight, several concepts have been proposed which
utilize pre-cooling to increase the density of the inlet air. This increases the engine's power density and
permits it to operate at higher Mach numbers. These engines generally use liquefied hydrogen for fuel.
Before entering the engine. the cold hydrogen is circulated through heat exchangers ahead of the
turbojet inlet to cool the incoming air. A broad class of propulsion systems utilizing air precooling in
air/hydrogen precoolers is presented in this lecture.

The propulsion systems addressed in the previous paragraph are those generally using liquid hydrogen
fuel. On the other hand, turbine engines based on hydrocarbon fuels can utilize very efficient thrust
augmentation concepts which do not require significant modifications of the basic turbomachines,
such as MIPCC and rocket-augmented turbine engines.

This lecture also covers examples of other synergetic cycles. namely, second fluid-cooled scramjet
engines and third fluid-cooled liquid rocket engines. The common feature of all these synergetic cycles
is that the working fluids do more than one job and/or hardware is adjustable for more than one
operating mode.

The next section gives a brief overview of eight different synergistic cycles and Section 3 provides
greater details of the MIPCC engine.

2.0 OVERVIEW : SYNERGISTIC PROPULSION CYCLES

This lecture covers eight original synergetic cycles including four TBCCs (ATREX. ATRDC, MIPCC,
rocket augmented turbine), two RBCCs (KLIN, AspiRE), scramjets and rocket engines. Four of these
cycles must have liquid hydrogen as a fuel (ATREX, ATRDC, KLIN, AspiRE). while the others are
intended for hydrocarbon fuels or are not specific to the fuel option. Six cycles have been invented or
introduced by the author (ATRDC, KLIN, AspiRE, MIPCC, SFC, TFC). The author has been also
involved in ATREX cycle development.

2.1 ATREX Cycle

The ATREX cycle was introduced in Japan by Prof. N. Tanatsugu in the 1980s as a propulsion system
for the TSTO space plane. ATREX is an original combined cycle, performing like a turbojet at low
speed and like a fan-boosted ramjet at hypersonic flight. The ATREX engine is intended as the
propulsion system of the fly-back booster of a TSTO space plane. ATREX works as an expander
cycle utilizing in turbomachinery the thermal energy regeneratively extracted in both the precooler
installed behind the air inlet and the heat exchanger in the combustor. The engine is able to produce
effective thrust at flight conditions from SLS up to Mach 6 at 35 km altitude, Reference 2. When the

(S8




fan inlet temperature is lowered to 160K with a pressure recovery factor of 0.9 in the precooler, the
thrust and specific impulse of the ATREX engine increase by factors of 2 and 1.5, respectively, at SLS
conditions compared to the non-precooled engine.

ATREX employs a tip turbine configuration in order to reduce turbomachinery weight and size.
Figure 1 shows an engine schematic.

Turbomachinery with the combustor incorporating a hydrogen heater and upstream precooler were
successfully demonstrated in various assembled configurations, as well as in separate units, such as air
inlet and plug nozzle. Results have been reported in numerous papers. Figure 2 shows a precooled
ATREX engine on the test stand.
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Figure 1: Schematic of the precooled ATREX engine, Ref. 2.
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Figure 2: ATREX engine at the test stand, Ref.2.

The effect of air precooling on the engine’s flight performance is shown in Figure 3 as a comparison
of two levels of air precooling at SLS conditions, namely, T,=220K and T,=160K. Performance of the
ground tested ATREX-500 engine without inlet air precooling is also shown.

The ATREX engine air/hydrogen precooler is a unique component which was built for the first time
on this project. One of the early configurations is shown in Figure 4. One of the issues specific to
precooled cycles is precooler icing prevention. Reference 2 provides a discussion of the subject and
Reference 3 describes measures the design team successfully demonstrated to prevent icing, namely,
spraying a small amount of alcohol in front of the precooler.
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Figure 3: Flight performance of the precooled ATREX engine, Ref. 2. ATREX-ACC-30-
160K - advanced ATREX engine using carbon-carbon as a fan structural material, fan
diameter 30 cm, precooled to 160K at SLS conditions; ATREX-ACC-30-220K - engine
precooled to 220K; ATREX-500 - non-precooled engine with nominal thrust of 500 kgf.

Figure 4: Assembly of the quarter of the BARABAN-type precooler. (Picture
acquired from the ISAS website htip://atrex.isas.ac.|p/).

Major features of the ATREX engine as well as other cycles are summarized in Table 3 in the
concluding Section 4.

2.2 ATRDC Cycle

Air precooling permits a significantly higher compression ratio than that utilized in the ATREX cycle,
especially if the overall cycle is fuel rich. A good example of such a cycle was examined in CIAM,
Russia, Reference 4. This is a deeply cooled air turborocket engine (ATRDC), Figure 5. The engine
employs deep air precooling by the use of hydrogen fuel. In addition to its use as a fuel, hydrogen is
performing two other jobs, namely, it precools the air and it drives the turbine. Hydrogen is used in an
amount significantly higher than required for stoichiometric combustion, characterized by an




equivalence ratio ¢=2. This permits much greater air cooling than in other precooled cycles and
much easier air compression (typical equivalence ratios for ATREX cycle is €=1.3-1.5). The
combustion chamber of the engine operates near stoichiometric since nearly half of the hydrogen flow
rate is used to drive the turbine and is then exhausted without combustion.

The ATRDC engine consists of two units which may be located in different parts of the vehicle. The
first unit includes the inlet air precooler and turbocompressor, the second includes a double-duct
combustion chamber with a two-position bell nozzle and a hydrogen heater located between the two
combustion zones. The inner chamber duct operates in airbreathing mode, and the external duct in
rocket mode.
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Figure 5: ATRDC engine of 30 ton thrust class, Ref.4.

At an air temperature upstream of the compressor of T,=98-112K, the achievable compressor pressure
ratio is m=20-40. At a pressure ratio of nc=40, ATRDC provides an average specific impulse in the
range of Mach=0to 6 of Is=2500 s. T/W ratio for the engine constructed with advanced materials has
been estimated as high as 18-22. The air precooler is the bulkiest component of the ATRDC cycle
accounting for 40% of the total engine weight (without the air inlet).

Since the turbine exhaust is pure hydrogen, the ATRDC engine can be integrated with a ram/scramjet
for hydrogen utilization. Such a system is a good example of a synergistic cycle where the hydrogen
does four jobs, namely, air precooling in the ATRDC, turbine driving, combustion in the ATRDC
chamber, and combustion in the ramjet chamber. Such a propulsion system has better performance as
a whole in terms of Isp than the individual components separately. The total specific impulse of the
ATRDC and ramjet running simultaneously but which are not thermodynamically connected is :

Ty = (1~ EE™ + G5, m
where 75" and I§" are values of ATR and ramjet Isp;

& - fraction of the fuel feeding ramjet.

In the case where ramjet fuel is used for air cooling before the ATRDC engine compressor and to
drive the turbine, the total specific impulse is :

Lol e wdl ™ <Al (2)



where A/ is a value of turbine exhaust specific impulse in the case where it is separately exhausted.
Depending on flight altitude and speed, the value of A/ has been estimated to be 2.5-9% of the total
ATRDC specific impulse.

When the integrated ATRDC and ramjet are running simultaneously, the total enthalpy of the turbine
exhaust is transferred in full to the ramjet flow and A/=0. The thrust of the integrated propulsion
system is characterized by an equation of the same structure as Eq.2.

Figure 6 shows performance of the separately running ATRDC and ramjet, simultaneously running
ATRDC and ramjet without thermodynamic integration as given by Eq.l at £=0.5 and of the
propulsion system consisting of the thermodynamically integrated cycles per Eq.2. Total specific
impulse of the latter is higher than ramjet Isp by 15-30%.
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Figure 6: Performance of the separately and simultaneously running engines, Ref.4.

Cycle similar to ATRDC was intended for the British SSTO HOTOL back in 1980s.

2.3 KLIN Cycle

The KLIN cycle is a thermally integrated, deeply cooled turbojet (DCTJ) and liquid rocket engine,
Reference 5. Thermal integration means that liquid hydrogen fuel for the rocket and turbojet engines
is used to deep cool inlet air to 110K at SL and 200-250K at Mach 6. High pressure ratio is attainable
with simple and lightweight turbomachinery. This results in high performance and exceptional thrust-
to-weight ratio, Reference 6. Schematic of the KLIN cycle is shown in Figure 7.

The KLIN cycle incorporates several rocket and DCTJ units. All DCTJ units and all or part of rocket
units operate from take off. The rocket units may be throttled or even cut off after initial acceleration,
returning to full usage when the DCTJ are cut at Mach 6. The DCTJ units will be newly designed
turbomachines incorporating a lightweight compressor optimized for low-temperature operation.

For a small launcher, the high performance reliable family of RL10 rocket engines is an appropriate
choice. Lowcycle pressure and some features of configuration make the RL10 an ideal candidate for
integration into the KLIN Cycle. The RLIO engine uses an expander cycle; therefore, it can be
naturally integrated into the KLIN Cycle benefiting from additional hydrogen heating in the DCTJ.
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Figure 7: Basic configuration of the KLIN
cvcle, Ref.6.

The KLIN Cycle offers very flexible performance characteristics and represents a unique compromise
between engine weight and fuel efficiency that provides a high payload capability for the vertical
takeoff launcher.

Major parameters characterizing the KLIN cycle are :

KA - the ratio of the airflow and total hydrogen flow (KA=4-12), KA, corresponds to KA at SLS
conditions;

£ - the ratio of the TJ’s hydrogen and total hydrogen flow, the hydrogen distribution factor (£ =0.15-
0.4)

DOL, - fraction of the TJ thrust in total thrust at SLS (DOL=0,25-0.65)

With the KLIN Cycle, various launchers (e.g., SSTO, TSTO with fly back booster), as well as
different takeoff and landing scenarios (horizontal or vertical, including a powered descent and
landing), are possible.

Advantages of the KLIN Cycle can be summarized as follows:

» simple configuration—ideas such as an air/oxygen heat exchanger for additional air cooling, helium
closed loop, or the bypass turbojet were rejected from the beginning of the concept analysis in order to
maintain a simple design. Turbomachinery of the simplest possible configuration was considered, and
a single spool design with no variable geometry for the compressor was employed. The addition of
these features may improve turbojet parameters, but they will also add mass and complexity:

« light weight structure due to the high efficiency of air processing (high specific thrust), “excess™ of
cooling hydrogen and a low temperature compact compressor;

« high engine thrust-to-weight ratio;

* two to three times higher Isp than for an LRE depending on the mission; and

* known solution for icing problem (LOX injection in front of precooler).

A small reusable vertical takeoff/horizontal landing SSTO launcher that delivers a 330 Ib payload to a

220 nmi, 28.5-degree inclination orbit was selected as the reference launcher in the Reference 6 study.
The launcher was sized at TGOW 62 tons and a dry weight of 12 tons. The propulsion system



configuration for the launcher was defined. It includes seven RL10-type engines with 7.7 tons SL.S
thrust each and four DCTJs with 6.5 tons SLS thrust each.

The optimum KLIN Cycle corresponds to an initial air-to-hydrogen ration of K,,=6. The thrust-to-
weight ratio of this engine was estimated at 33.1, if it is based on an LRE with T/W=43.6. The most
simple LRE control law (with full thrust) is proven to be the most efficient for the reference KLIN
Cycle, as it provides the highest profile of effective specific impulse for Ko=6.

Figure 8 shows how parameters of the optimized KLIN cycle change along the trajectory and optimum
mode sequence. There are three operational modes indicated by circled numbers in Figure 8a :.

Mode 1 (from takeoff to Mach=0.8) corresponds to simultaneous operation of all DCTJ units with
oxygen augmentation and all the LRE units;

Mode 2 (in the range of Mach=0.8-6.5) begins after oxygen injection is cut off;

Mode 3 (from Mach 6.5 to orbital speed) a pure rocket mode begins after DCTJ cutoff, and LRE sole
operation continues.
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Figure 8. Performance of the reference KLIN cycle, Ref.6.
Optimized operation and performance are shown in Figure 8 where optimization of the launch vehicle

is assumed; i.e., minimum GTOW and dry weight at a given payload. A summary of results is shown
in Figure 9.
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Figure 9. Comparison of the weights of all-rocket launcher and the KLIN Cycle
launcher as a functions of the air-to-hydrogen ratio.



The relative GTOW, dry weight, and propulsion system weight are plotted vs. air-to-hydrogen ratio.
Corresponding weights of the all-rocket launcher are taken as 100%. As Figure 9 shows, the
minimum GTOW would be approximately 40%, and the dry weight and engine weight would be 70%
of the corresponding weights of an all-rocket system. These minimums are rather gentle, and one may
see that in the range of K,o =5-8, the KLIN Cycle launcher masses do not change much. The
minimum launcher dry weight corresponds to the DCTJ contribution in SLS thrust, DOL=30%45%.

Figure 10 is a schematic of the DCTJ sized for the optimized KLIN cycle. It is a dimensional scheme
with major units sized for an SLS thrust of 7 tons. Table 1 gives DCTJ parameters in the main stations
as shown in Figure 10, Reference 6.
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Figure 10. Dimensional scheme of the 7-ton thrust DCTJ, Ref.6.

Table 1. DCTJ parameters at SLS.

Station in Figure 10 | Temperature, K | Pressure, bar
1 243 0.92
2 110 0.782
3 331 235
4 1451 22.3
5 1229 12.2
6 2505 11.8

2.4 ASPIRE CYCLE

The KLIN cycle requires development of a new turbocompressor that is a costly and long-duration
effort. The next cycle is a logical extension of the KLIN cycle which does not require a
turbocompressor. The AspiRE is an original combined cycle, Reference 7, that is capable of operating
in two different propulsive modes. For the first air-breathing mode, part of the onboard oxygen is
replaced by liquefied intake air prepared in an air/hydrogen heat exchanger/condenser and air/oxygen
mixer. At a high Mach number, the engine changes to the second mode, which is a conventional
oxygen/hydrogen rocket engine. Both modes use common hardware, namely the fuel and oxidizer
turbopumps and the combustor/nozzle assembly. The air inlet and air liquefaction system (ALS) are
the only attributes of the airbreather. This synergy is possible because in the combined-cycle mode,
three fluids (LH,, LOX, and Lair) are used in a combination that provides sonic flow in the throat of
the nozzle, which is designed for the rocket mode when two fluids (LH, and LOX) are used. This
results in high cycle performance and an extremely high thrust-to-weight ratio for the combined cycle.
Figure 11 shows the AspiRE cycle based on the expander rocket engine.

The AspiRE approach inherits some features of the KLIN cycle and has an even higher degree of cycle
"rocketization." In fact, the AspiRE is a more rocket dominated cycle than any other RBCC.



The main issue with operating a combustor/nozzle in two different modes is the matching of the gas
flows through the nozzle critical section (throat) and fluid flows through the pumps. References 7 and
8 show how it can be done for the AspiRE cycle. All devices providing high pressure (pumps and
their drivers) are used in both the AspiRE and all-rocket modes and this results in a significant
increase of the engine thrust-to-weight ratio compared to prior art concepts.
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Figure 11. AspiRE cycle schematic.

Figures 12 and 13 show a comparison of the Isp and relative thrust for the AspiRE cycle with different
initial air liquefaction ratios KA, (air liquefaction ratio goes down during acceleration) and pure rocket
propulsion. It is seen that the AspiRE cycle Igp is always higher (in sea level conditions, it is 30%
higher) than that of a rocket engine until it is switched to the pure rocket mode at Mach 6.5.
Substantial thrust deterioration along the trajectory is a typical weakness of the air-breathing
accelerators, which results in engine oversize. In the case of the AspiRE cycle, thrust is high at sea
level conditions and always higher and nearly constant during acceleration (Figure 13). A
combination of these two parameters provides a very favorable effective Isp, which along with an
exceptional engine thrust-to-weight ratio, explains the high launcher efficiency. These simulations
were conducted with real RL10 engine constraints.
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The AspiRE cycle makes feasible systems that are not feasible with all-rocket propulsion (small or
mid-size reusable SSTO launchers). Small military spacecraft and also quick response suborbital
vehicles having global-reach capability are feasible with this technology. In the commercial arena, an
AspiRE cycle-based launcher can create a new capability for on-demand, small payload launch
services similar to Federal Express® or United Parcel Service”. The AspiRE cycle is also an attractive
propulsion option for an International Space Station (ISS) resupply vehicle, Ref.8.

Figure 14 shows a comparison between an AspiRE cycle launcher and an all-rocket launcher in terms
of relative GTOW and dry weight (corresponding parameters of the all-rocket launcher are taken as
100%), as a function of the initial air liquefaction ratio K.

110
all-rocket
:E' 00 } dry We]ght
o0
)
3 L
2
2 70¢r
&
takeoff weight
50 A L " ' i L
0 1 2 3 4

Initial Air-to-Hydrogen Ratio K,\u
Figure 14. Comparison of the weights of an all-
rocket launcher and the AspiRE launcher, Ref.8.

According to Figure 14, the GTOW and dry weight of a small launcher (330-1b payload to 220 nmi
orbit) using the AspiRE cycle could be reduced by 45% and 30%, respectively, as compared to the all-
rocket launcher. The best launcher efficiency corresponds to an initial air liquefaction ratio K=2.0—
3.0. At smaller Ky, Isp improvement allows only insignificant system improvement. With K,
increase beyond the indicated range, the disadvantage of the bulky ALS cannot be mitigated by better
Isp. Due to low optimal Ko, the ALS/air inlet system is expected to be rather compact.

The lightweight, moderate I/high thrust AspiRE cycle provides exceptional efficiency for both
vertical and horizontal takeoff small SSTO launchers. Other attractive features include:

e The AspiRE cycle is fully within the current manufacturing capability of the aerospace
industry;

e The AspiRE cycle can be based upon existing expander rocket engines of the RL10 class.
Incorporation of these engines and their derivatives into the AspiRE cycle can allow them to
be used as boosters for small launchers;

e SLS operation of the AspiRE cycle is the most important mode, therefore, feasibility and
efficiency of the technology can be proven in the ground demonstration;

e The ALS and triple mixture (air/oxygen/hydrogen) combustor/turbopump assembly can be
separately developed and demonstrated.

Figure 15 shows an AspiRE cycle based on the RL50 engine (RLS50 configuration from
Pratt& Whitney web site).



Figure 15. AspiRE cycle based on RL50 engine, Ref.8.

2.5 MIPCC Engine

The main feature of the previously-discussed cycles is precooling of the incoming air using the heat
sink capability of the liquid hydrogen fuel. Recently, hydrogen-fueled propulsion concepts are not as
popular as they were back in 80s and 90s, especially for the booster stages of launch vehicles. The
next cycle does not require hydrogen fuel. Moreover, this technique is readily applicable to existing
turbine engines.

Mass Injected Pre-Compression Cooling (MIPCC) propulsion systems featurea conventional turbojet
or turbofan engine as their core propulsion unit with a specially designed fluid injection system that
sprays water and/or liquid oxidizer into the engine inlet, Reference 9. MIPCC reduces the incoming
air stream temperature and delivers additional mass to the system. It results in an increase in the
density of the air stream, permitting more capture. It allows operation at higher than core engine
design Mach number and provides enhanced thrust levels at elevated Mach numbers. When properly
scheduled, MIPCC allows the engine to operate within its normal operating envelope and use its
existing control systems.

Water is an excellent coolant due to its high latent heat of vaporization, therefore, it was chosen for the
baseline MIPCC concept. The main purpose of the oxidizer injection is to avoid afterburner blowout at
depleted oxygen concentration due to water addition and high altitude. Cryogenic LOX and Lair as
well as stable N>O4 may also serve as additional coolants. H,O, and N,O are subject to the exothermic

reaction of decomposition which will add enthalpy in the AB, but is not appropriate in front of

compressor. A MIPCC engine schematic with all listed injectants is depicted in Figure 16, Reference
8.
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Figure 16. Injection of the different coolants/oxidizers in the MIPCC engine, Reference 8.



Reference 1 emphasizes use of the oxidizer as a coolant in front of turbine engine. The addition of
oxygen to the inlet air flow allows the engine to operate at higher altitudes by preventing flameout due
to decreasing oxygen.

If liquid air is used as a coolant, inlet temperature in front of the fan/compressor of the regular turbine
engine can be kept rather low without any changes in gas composition, which provides comfortable
conditions not only for compressor components but also for combustion devices. In addition,
cryogenic fluid is easier to evaporate. However, use of the cryogenic oxidizer as a sole coolant leads
to rather low Isp at high Mach numbers.

Greater details of the MIPCC cycle as well as a progress in engine development and demonstration are
discussed in Section 3.

2.6 Rocket Augmentation for Turboaccelerator

Further turbine engine thrust increase can be provided by oxidizer addition to the afterburner. It
provides direct mass addition and also, if hardware permits, can be used for temperature increase in
the AB. In this case more fuel will also be consumed. This type of turbine engine modification has
been discussed in Reference 8 (see Figure 16). Reference 10 provides further details, Figure 17.
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Fiaure 17. Rocket auamentation for turbine enaine, Ref. 10.

According to Reference 10, advanced reusable hypersonic vehicles have a number of challenges to
overcome in order to achieve their mission objectives. One of the most significant is the ability to
meet the vehicle thrust requirements while also achieving aggressive size/weight/volume goals for the
propulsion system. The combination of meeting propulsion thrust requirements while meeting severe
packaging restrictions has contributed to the failure of earlier hypersonic vehicle designs. The
propulsion system is especially tasked at the transonic pinch point. The transonic pinch is caused by
the steep increase in vehicle drag as it transitions from subsonic to supersonic flight. Thus, what is
needed is a way to increase engine thrust while holding engine size so that the vehicle could then reach
closure ((i.e. complete the mission). One of the means of such thrust increase is rocket augmentation
of the turbine engine, i.e., injecting oxidizer into hot gases in the augmenter so as to significantly
increase the oxygen available for combustion resulting in a significant increase in the thrust force
generated by the engine. Hydrogen peroxide is a preferred oxidizer of the authors of Reference 10.

Figure 18 illustrates the impact on the engine thrust with the injection of hydrogen peroxide into the
augmenter of the engine. According to Figure 18, 70% thrust increase using rocket augmentation
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requires eight times increase of the consumables through the engine. This results in eight times lower
Isp compared to the basic turbine engine.

I
18 f
16

14

Net Thrust Multiplier

12

0 2 kS 6 8
Additonal H202+JP Injectant Flowrate / Orginal JP FLowrate

Figure 18. Rocket augmentation impact on the engine thrust, Ref. 10.

2.7 Second Fluid-Cooled Scramjet

A second fluid cooling (SFC) system is the system intended for use in a scramjet engine fueled by
heavy hydrocarbons (US Patent pending). Hot elements are cooled with a second non-reactive fluid
(N., He, etc.), that permits a much higher hot wall temperature, resulting in reduced heat flux to the
coolant. This permits an extension of coke-free engine operation to higher Mach numbers. Less heat
is transferred to the fuel leading to comfortable and controllable thermal conditions in the SF/fuel heat
exchanger. The SF forms a closed-loop Brayton cycle pumping the second fluid through the system.
along with pumping of the main fuel and additional optional power generation, Reference 11.

Major advantages of the SF system over a direct cooling (DC) system are extended Mach number,
higher Isp (no overfueling) and/or higher thermal margins.

The second fluid of the cooling system travels in a closed Brayton loop. A compressor pumps the
second fluid which enters the combustor wall. Within the combustor wall, the second fluid absorbs
the heat generated by the combustion process. The heated second fluid exits the combustor wall and is
expanded in a turbine which is used to drive the compressor and a fuel pump and provides additional
power for the high-speed vehicle. The second fluid then enters a heat exchanger wherein heat is
transferred from the second fluid to the fuel. The second fluid then returns to the compressor, closing
the Brayton loop. The heated fuel travels from the heat exchanger to the combustor, where it utilized
to propel the high-speed vehicle. A high temperature material combustor wall is essential for the SFC
concept. Figure 19 shows SFC scramjet architecture.

In both conventional, direct-cooling techniques and in the SFC technique, fuel ultimately acts as the
end heat sink. The ability of the fuel to absorb heat may be described by the “heat sink margin™.
Before the bulk fuel temperature reaches the coking limit and the wall temperature reaches its limit,
the heat sink margin indicates how far the fuel heat sink is from the maximum possible heat sink at the
coking limit.

If the fuel temperature at stoichiometric condition reaches the fuel coking limit, or if the wall
reaches its material limit, extra fuel should be added for cooling purposes, even if it is
excessive for the combustion process. The heat sink margin will be negative to reflect the
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need for engine overfueling. Without engine overfueling, engine operation is not permitted
for long periods of time, as fuel coking will occur. With the use of overfueling, operation is
possible at the expense of engine fuel efficiency.

HEAT EXCHANGER

MWW

FUEL PUMP TURBINE COMPRESSOR POWER

G
"
&
COMBUSTOR
JACKET B 4

Figure 19. SFC cycle architecture, Ref. 11

Thus, fuel heat sink margin may be presented in two forms:

- before temperatures hit their limits at stoichiometric fuel/air ratio, fuel heat sink margin is

S=1- Ox e (620) (3)
- after temperatures exceed their limits at stoichiometric conditions
o=1-¢ (06<0) (4)
where O - fuel heat sink margin;
Ox - heat absorbed by the fuel;
Onax - maximum heat to be absorbed by the fuel at coking limit;
£ - equivalence mixture ratio.

As an illustrative example, Figure 20 shows a comparison of the fuel heat sink margin for direct
cooling with endothermic hydrocarbon fuel and for second fluid cooling, where the same fuel is the
end heat sink but nitrogen is used as a second fluid.

Fuel Heat Sink Margin, %

80
—DC

8 H—NSFC'
40

0 .

20 § 8 f

-40 l |

80 Mach 8+

-80
-100 - Direct Cooling
-120

Mach Number

Figure 20. Fuel heat sink margins for DC and SFC methods, Ref. 11.



It is seen that direct cooling can provide scramjet operation up to Mach 6.4 with positive heat sink
margin, i.e., without overfueling. Prohibitive overfueling, characterized by a negative fuel heat sink
margin of less than minus 100%, is required to reach Mach 8. An SFC system extends the
stoichiometric operation to Mach 8+ and narrow positive fuel heat sink margin is still available at
Mach 8, as shown. The gentle slope of the second fluid cooling curve, as compared to the direct
cooling curve, shown in Figure 20, enables further flight velocity increase to speeds over Mach 8.0
with moderate engine overfueling.

In this manner, efficient cruise flight engine operation at Mach 8, where the fuel flow rate required for
combustion is lower than during acceleration, may be enabled by SFC technology.

2.8 TFC Rocket Engine

The TFC cycle is a logical extension of the SFC cycle approach on rocket engines, which also utilizes
fluid other than fuel and oxidizer (third fluid) to cool the combustion chamber and drive the
turbopump. Unlike other cycle presented here, both SFC and TFC cycles minimize the amount of
work done by engine consumables through the introduction of the special fluid which is doing all
internal work while forming a closed loop.

The TFC concept is a novel expander rocket engine that uses a third fluid as the combustor coolant
and the turbine driver, Reference 12. The third fluid forms a closed-loop Rankine cycle permitting
much higher available turbine expansion ratios than other closed rocket engine cycles.

The TFC rocket engine combines advantages of all three major pump-fed cycles: high available
turbine pressure ratio of the gas generator cycle. full flow through the chamber typical for the staged
combustion and expander cycles, high chamber pressure typical for the staged combustion cycle, and
no preburner as with the expander cycle.

This unique set of the features permits the TFC cycle to be more efficient compared to the gas-
generator and expander cycles in terms of Isp and thrust-to-weight ratio, to exceed or match the staged
combustion cycle in terms of thrust-to-weight ratio and to be more reliable than the staged combustion
cycle due to significantly lower maximum cycle pressure.

The TFC cycle is applicable to both LOX/LH2 and LOX/HC rocket engines. Here, LOX/LLH2 engine
will be briefly discussed. More details can be found in Reference 13.

In modern LOX/LH2 rocket engines, hydrogen serves as the combustor coolant and sole turbine
driving fluid (in the expander cycle) or part of the turbine gas (in gas generator, tap-off, and staged
combustion topping cycles) prior to entering the combustor. To develop higher thrust in a rocket
engine, higher pressures in the combustor are required. since output thrust is directly related to
combustor pressure and this, in turn, requires higher propellant flow rate.

In both coolant and turbine driver applications, the hydrogen flow loses a significant amount of the
pressure generated by the pump. In both the staged combustion SSME and expander RL10 engines,
hydrogen pressure downstream of the pump is more than two-fold higher than the pressure in the
combustor. However, hydrogen is the most difficult liquid to pump due to its very low density
(approximately 70 kg/m3). This leads to lower than desired combustor pressures and explains the
complexity of liquid hydrogen turbomachines. which particularly include the number of pump stages
and very high mechanical load on feeding systems that reduces engine reliability and. finally,
preventthe development of truly reusable engines.

The problem of oversized LH2 turbopumps can be resolved when a third fluid is employed as a
coolant and turbine driver.




The TFC configuration, per Reference 12 and Figure 21, includes a typical engine assembly
constructed of an injector 1, combustor 2, and nozzle 3. The combustor 2 and nozzle 3 form a nozzle
and combustor assembly 4. Fuel, such as liquid
hydrogen, and an oxidizer, such as liquid oxygen,
are fed from supply tanks S and 6, respectively, to
the injector 1. These fuel and oxidizer components,
referred to as propellants, are mixed and fed to the
combustor 2 wherein they are burned to produce
hot gas which is ejected from the nozzle 3 to propel
the vehicle. The fuel is fed to the injector 1 by a
turbine-driven fuel pump 7, while the oxidizer is
fed to the injector 1 by a turbine-driven oxidizer
pump 8.

In the TFC engine, the nozzle and combustor
assembly 4 is cooled by a circulating coolant such
as water, methanol, ethanol, or liquid having
equivalent properties, or mixtures thereof. The
coolant is circulated through a jacket 9 enclosing
the nozzle and combustor assembly 4 by a turbine-
driven coolant pump 10. As the coolant circulates
through the jacket 9, it is heated and vaporized
forming steam or a vapor or gaseous-phase fluid.  Figure 21. TFC engine flow diagram, Ref.12.
This vaporor gaseous-phase fluid is fed to the

turbine 11 for driving the oxidizer pump 8, coolant pump 10, and the fuel pump 7.

The coolant vapor expands and is partially condensed in the turbine 11 and the turbine temperatures
are reduced. The work of driving the turbines is produced by the expansion, temperature reduction,
and partial condensation of the coolant vapors. The condensation process is completed in a heat
exchanger 12 for exchanging heat between the coolant vapor and the incoming propellant, such as the
liquid fuel or oxidizer or both. The coolant vapor condenses to heat the propellant, thereby returning
the heat removed by the coolant from the combustor to the propellant fed to the injector 1. The fuel
pump, oxidizer pump, water pump and turbine are mounted on one shaft in the particular case shown
in Figure 21.

A third-fluid closed loop comprising turbomachinery, combustor jacket (shown as a heat exchanger),
and third fluid/fuel heat exchanger is shown in Figure 22.

A well-known thermodynamic cycle, the Rankine cycle,
for the flow of coolant such as water, is shown in Figure
23. The diagram shows the stations of the water flow
path shown previously in Figure 22; namely water pump
inlet 0, water pump exit 1, combustor jacket exit 2,
turbine exit 3, heat exchanger exit 4 with the same
parameters as in pump inlet 0. Line S defines the water
saturation line. Points a and b correspond to intermediate
stages of the water heating; point a corresponds to the
beginning of the water evaporation in the combustor

Oxidizer HXC Fuel

Coolant

jacket, point b corresponds to the complete water .

r y . . Heat flux from
evaporation in the combustor jacket.  Point 3s ; PRt
corresponds to the ideal process of isentropic steam

expansion (S=const) in the turbine. The solid lines in

Figure 23 correspond to the following stages in the Figure 22. Closed-loop Rankine cycle.
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process:

0-1 - water pumping;

1-a-b-2 - water heating, evaporation, and steam heating in the combustor jacket:
2-3 - steam expansion in the turbine (2-3s - ideal expansion);

3-0 - steam condensation in the heat exchanger.

i il 2 i

S S
Figure 23. Rankine cycle T-S diagram (dry steam). = Figure 24. Rankine cycle T-S diagram (wet steam).
In order to reduce the size of the heat exchanger, steam or vapor can be partially condensed in the
turbine. The more steam or vapor that is condensed in the turbine, the smaller the heat exchanger
required. The literature on steam power generation turbines, for example Reference 14, recommends
moisture content in the turbine be no more than 12%, since higher values causeturbine blade erosion.

This recommendation is valid for steam power turbines with projected lifetimes of tens of thousands of

hours. The expected lifetime for even reusable rocket engines is not likely to exceed tens of hours;
therefore, appropriate amounts of moisture in the turbine exit can be expected to be significantly
higher than 12%. A T-S diagram for the process with wet steam at the turbine exit is shown in Figure
24.

Major benefits of the TFC technology applied to the LOX/LH, engines are significantly higher (50-
65%) engine thrust-to-weight ratio and feasibility of higher combustor pressures. A preliminary
comparison with SSME shows that at the same combustor pressure, 34% of the structural weight
saving can be expected. Due to significantly lower cycle pressures, TFC technology may be a key to
rocket engine reusability.

Other significant advantages include the fact that compared to the staged combustion cycles of the
SSME type. which utilize 3 combustion devices (2 preburners and a main combustor), the TFC
eliminates 2 of these 3 combustion devices with an accompanying weight savings and no loss in
performance. As a result, development cost and time savings can be expected. This is also true for the
LOX/HC rocket engines.

The TFC configuration is a promising choice for the LOX/HC engine because it permits:
* The elimination of the preburner and associated systems
e Low turbine temperature
e Low maximum cycle pressure (on the level of the chamber pressure).

The TFC engine can be used for both booster rocket and upper stage rocket applications.




3.0 MASS INJECTION PRECOMPRESSOR COOLED TURBINE ENGINE

The MIPCC engine is listed among the cycles presented as an example of the efficient accelerator
engine. Section 2.5 provides initial cycle information. This section is devoted entirely to the MIPCC
cycle and shows the status of its development according to Reference 15.

3.1 Baseline Flight Trajectory

MIPCC engines can be utilized for launchers of different size and configuration. The basic
operational concept developed for the small reusable launcher called RASCAL is depicted in Figure
25, This figure shows an

Upper stage provides ordd

airbreathing  vehicle  (either o GreusariEaton and trm
manned or unmanned) taking off ERV sepwrates from the LA,
from a conventional runway. The . ™~
vehicle climbs to its loiter altitude,

Balvste coast ot

using a conventional airbreathing of Whe atmoroere
turbofan propulsion system. At
this point, the vehicle begins a

*zoom maneuver’’, taking
advantage of liquid injection ahead ~ wsersonc seom /

TR Vv ET
of the first-stage turbofan
compressor. The liquid injection Zoom i
allows the vehicle to go to a much . OV Selowt & mame

Loter up o ¥y o

higher altitude and velocity than  ceere iuncn comme  ( L [, "D gk et iy
would be possible with an 5 - |
unmodified turbofan. At an
appropriate point in the trajectory,
the upper stages are released from
the first stage. Once the upper
stages of the vehicle have safely
cleared the first stage, the first
stage can return to the Earth for

e Figure 25. Baseline operational concept, Ref. 15.

3.2 Baseline MIPCC Concept

MIPCC is intended to offset performance losses incurred as an aircraft accelerates and the density of
the air flowing into the inlet decreases. The engine subsystem adds water and liquid oxygen to the
airflow in the inlet, reducing its temperature hundreds of degrees. The result is twofold: First, it places
less stress on the engine and increases its durability because of the lowered temperatures. Second, and
from a performance perspective the more important, mass flow is increased due to the increased
density.

The baseline MIPCC configuration is shown in Figure 26. The following are the major principles
applied by the MIPCC concept:

+ The existing turbofan engine is utilized with water and LOX injection ahead of the fan. No
modifications of the basic TF engine are planned, except for minor upgrades and adjustments of the
control system;

* The inlet capture area is designed to allow the air flow rate required for turbomachinery to generate
the maximum thrust. Only at the end of zoom at high altitude inlet limits the thrust restricting the air
flow to the amount less than maximum allowed by turbomachinery;



» Injection is initiated in the transonic region;

* During the acceleration mode, the MIPCC engine develops maximum possible thrust. It reaches
approximately 200% of the SLS thrust of the basic TF just before the zoom climb:

» Water is injected in an amount not to exceed saturation content;

» LOX is injected in the amount required to maintain normal molar oxygen concentration of 20.9% in
the air/water/oxygen mixture. This concentration may be exceeded when additional thrust is required
and small amounts of water are replaced by larger amounts of LOX (OXYBOOST mode);

» All applied pressure, temperature, geometry, and RPM limiters of the basic TF engine have been
respected.

Water and LOX
injection

YREYIE
RREYIE

! !
| |
|

Inlet MIPCC LP HP Afterburner Exit

compressor

Figure 26. Baseline MIPCC engine configuration.

Water provides the better coolant, but the MIPCC system also is designed to introduce liquid oxygen
to maintain combustion stability for the afterburner and for mass addition. Water and LOX injection
results in significant thrust increase due to significantly higher mass flow rate and available expansion
ratio over the nozzle.

Comparison of the key parameters of the basic F100 engine and the same engine equipped with the
MIPCC system at Mach 2.25 are shown in Table 2. Stations are given in Figure 26. Note the
difference in flow rates (MIPCC station) and afterburner pressure. The resulting MIPCC engine thrust
is more than doubled at this particular point. This difference increases at higher Mach numbers until
the basic turbofan becomes non-operable primarily due to temperature limitations.

Table 2. En parameters comparison at Mach 2.25, Alt 46000 ft.

MIPCC F100 over

gine

Station Parameter

Basic F100
Flow rate 1.66
Inlet Temperature 1.00
Pressure, 1.00
Flow rate 1.73
MIPCC Temperature 0.74
Pressure 0.98
Temperature 0.92
EESOig s Pressure 2.15
Afterburner Pressure 2.05
: Net Uninstalled
Exit Thrust 2.01

3.3 MIPCC Operation

The key to the MIPCC concept is that the engine does not recognize it is flying at extreme Mach
numbers and altitudes. Two of the major engine control inputs are total pressure and total temperature



upstream of the fan — Pt2 and Tt2. These parameters indicate the speed and altitude at which the
engine is flying. The MIPCC engine fan sees significantly lower temperature compared to the basic TF
flying the same Mach number and nearly the same pressure. The solid line in Figure 27 shows the
Pt2-Tt2 relationship for the basic TF engine flying a launch trajectory. In the case of a MIPCC engine,
this line shows the pressure-temperature relationship upstream of the MIPCC system. The dashed line
shows the same relationship upstream of the fan of the MIPCC engine. The latter is entirely within the
operating envelope of the basic TF, also shown in Figure 27a.

Figure 27b shows actual flight trajectory and apparent trajectory according to Pt2 and Tt2 sensor
readings upstream of the MIPCC engine fan. The maximum velocity seen by the engine (apparent
trajectory) is two times lower than the maximum velocity for the actual trajectory, due to the
temperature reduction. The maximum altitude for the apparent trajectory is also twice as low as the
maximum altitude for the actual trajectory. Therefore, despite the extreme actual flight conditions, the
engine with mass addition upstream of the fan always stays within the Mach/altitude and Pt2/Tt2
envelopes prescribed for the basic turbine engine.
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Figure 27. MIPCC engine operating conditions: a) Tt2-Pt2 operating envelope; b) Mach number-
Altitude profiles.

The trajectory shown is a result of the interactive MIPCC engine/ vehicle analysis. The goal of this
effort was to select the baseline MIPCC engine, size the MIPCC injection system, and identify the
required modifications to the basic engine control system. The engine thrust, fuel efficiency
characteristics and schedules for all required internal engine parameters were obtained in this analysis.

3.4 MIPCC Configuration

Figure 28 shows the MIPCC system integrated with an engine of F100 size. The configuration shown
was sized after accomplishing the first series of MIPCC engine tests and was coordinated with the
airframe integrator. The MIPCC system includes one LOX injection plane and two water injection
planes. The distance between the last water injection plane and the engine face was defined as the
minimum required for evaporation of the substantial amounts of water.

For the MIPCC system demonstration and verification of the major principles involved, a MIPCC duct
has been designed, built and tested at the MTB. Configuration of the demonstration MIPCC duct is
shown in Figure 29. As in the flight version of the duct, there is one plane of LOX injector bars and
two planes of water injector bars. Each injector bar could be individually switched on or off.
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Figure 28. MIPCC engine configuration.

il
Figure 29. Demonstration MIPCC duct.

3.5 MIPCC Test Bench (MTB)

Ground testing of the
MIPCC  system  was
conducted as an early
validation of this
innovative propulsion

cycle. A group of =
5 esl ire ass
companies under DARPA / "

sponsorship ~ built  the Bypass vswe! |
MIPCC  Test  Bench 5@ L e E. S

(MTB) at the Mojave -
Airport, Mojave, CA. The
facility is intended to
simulate flight

environments up to Mach (FUEL
4 on the ground. A flow |
diagram of the test setup is

shown in Figure 30.

Figure 30. MTB flow diagram.
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Figure 31. MTB facility.

Heated air is provided by a surplus General Electric J79 turbojet, which exhausts into a source plenum.
Air leaving the plenum is conditioned to the proper enthalpy and oxygen level by the addition of liquid
nitrogen and liquid oxygen. Air flow through the test engine is controlled by throttling of the J79
source engine, mass addition through LOX injection upstream of the source engine, and source engine
exhaust bypass. The air temperature ahead of the test engine is controlled through the J79 engine
setting and LN2 injection into the source plenum. The air pressure upstream of the test engine is
controlled through LAir injection ahead of the source engine, as well as source engine throttling. The
oxygen concentration in the test engine is controlled through makeup LOX injection. A photograph of
the facility conveys the scale, Figure 31.

Following facility construction and checkout, testing proceeded in incremental steps. First, a sequence
was run with a substitute small J85 turbojet engine in place of the eventual full-scale F100. The
testing conducted at a simulated 60,000 ft altitude, served to provide valuable experience in starting
and running the test engine. Following completion of this test series, the J85 was removed and the
full-sized F100 MIPCC duct was substituted. There followed a series of so-called “hot duct™ tests,
meaning with just the MIPCC duct installed, prior to installation of the F100 engine. Finally, the
entire system was tested with the F100 installed.

3.6  Full Scale MIPCC Engine Demonstration

In the 2004-05 timeframe, a series of F100-200 MIPCC tests was conducted at MTB. MIPCC engine
operation in the all the important points of the baseline flight trajectory was demonstrated.

The test series was interrupted by a mishap involving the F100 engine. As of this writing (March
2005), shakedown hot-duct testing of the upgraded MTB has been accomplished and a new F100 has
been installed and prepared for another series of full-scale demonstration tests.



Engine operation at two test conditions corresponding to Mach 1.6 is discussed below. Thrust and
flow rate data from test 040910 are plotted in Figure 32. These test results clearly show the significant
impact that MIPCC has on engine performance. The NEPP model accurately matches both MIPCC
and non-MIPCC operation.

Figure 32 shows gross thrust and two flow rates — water and fuel- versus testing time. MIPCC
operation corresponds to the time when water flow is non-zero. The fuel flow spike corresponds to
initiation of the F100 engine afterburner (AB). This attempt to light AB was not successful.
Experience gained from this and subsequent tests shows that AB should be initiated before water
injection.

Stable thrust between approximately 420s and 450s corresponds to non-MIPCC engine operation in
military mode. Thrust at 447s has been exactly matched with the NEPP code (white circle in Figure
32 at approximately 450 s). Lower than nominal efficiencies have been applied in the model due to
the age and usage of the F100 engine at MTB. The NEPP model adjusted to the military non-MIPCC
operation point was applied to the MIPCC mode. Estimated thrust matches the thrust measured in the
test very closely (white circle in Figure 32 at approximately 470s). Water flow rate at this point was
2.2% of the air flow rate. Injection of this relatively small amount of water led to a 34% increase of
gross thrust of the engine operating without the AB.

Results from test 040914 are shown in Figure 33 as thrust and water and fuel flow rate profiles versus
test time. Three different engine modes can be found in this plot, namely: 1) AB mode without
MIPCC, 2) AB mode with MIPCC, and 3) MIL mode without MIPCC. Several unsuccessful attempts
of AB relight can also be seen in Figure 33.

An 11% thrust increase in AB/MIPCC mode compared to AB/no-MIPCC mode was observed. The
NEPP model adjusted to exactly match engine thrust on MIL/no-MIPCC mode in the 040910 test, has
been applied to MIL/MIPCC mode of the 040910 test and three points of the 040914 test (three white
circles in Figure 33). The model closely matches engine thrust. Figure 34 is a comparison of the
predicted and observed gross thrust. A maximum disagreement of 5.2% is observed for the “simplest”
MIL/no MIPCC mode in the 040914 test. In this case, thrust is underpredicted. meaning that lower
thrust is predicted than demonstrated in the test.
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Figure 32. F100-200 MIPCC engine performance in test 040910.
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Figure 33. F100-200 MIPCC engine performance in test 040914.

Predicted/Observed Gross Thrust

' | B Gross Thrust Prediction |
‘ O Gross Thrust Test

| |- A - underprediction
‘ +A - overpredicion

Gross Thrust, Ibf

model
adjustment
__point

091004 091004 091404 091404 091404
MIL no MIL ABno ABMIPCC MIL no
MIPCC MIPCC MIPCC MIPCC

Figure 34. Comparison of the predicted and observed MIPCC engine thrust.

3.7 Concluding Remarks on MIPCC

The feasibility of a launch system using MIPCC as the primary propulsion system of the reusable first
stage has been proven in numerous analytical, design, and experimental efforts. It is commonly
recognized, that MIPCC is a key enabling technology for such launch system types. Flying at high
Mach number and altitude, the engine works within conventional operating envelopes due to the
judicious use of coolant injection. This permits limited technology demonstration prior to a flight test
program. For this demonstration, MTB has been developed and proven to provide high Mach
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number/high altitude conditions at the engine entrance. The highest Mach number of 3.5 at an altitude
81,000 ft has been simulated to date with full- scale air flow rate.

An F100 engine with MIPCC installed generates thrust as predicted at Mach 1.63 and an altitude of

35,000 ft trajectory point . 34% gross thrust improvement at MIL mode has been observed at MTB for
Mach 1.6 engine inlet conditions (water/air ratio 2.2%).

The NEPP model adequately describes MIPCC engine performance at the demonstrated MTB
conditions. It has been verified in five different operational modes.

4.0 CONCLUSION

Eight cycles were considered in this lecture. The common feature is judicious use of thermodynamic
properties of the working fluids. In most cases (ATREX, ATRDC, KLIN, AspiRE, MIPCC) this
permits performance enhancement and/or flight envelope expansion compared to the basic cycles. In
other cases (SFC, TFC) it permits enhancement of the internal cycle thermal management and either
operational range extension (SFC) or enhancement of the engine reliability and weight characteristics
(TFC). A summary of the cycles considered is presented in Table 4.
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Intro to Pulsed
< __ Detonation Propulsion

Pulsed Detonation Engine

performance engine that is

\ (PDE): Cheap, simple, high
= _-_4—* highly scalable and efficient
B N g 1 across a broad operating
‘H’ h range (Mach 0-4+)

! oot Problems:
» Practical Fuel Initiation

i /\(/K + Performance Data
[l | '~ i . —

X + Research Capability




What is a PDE / Detonation?

< : Detonate
Fill Tube Nilckice Exhaust

o S DI IR, o -

X Purge, Refill Tube, Repeat

Detonation: Usually avoided solution to combustion equations that takes
uncompressed fuel/air to Mach 5, 6x compression with no moving parts

vonNeumann Spike
~30x P.mu-l

Helmholtz

CJ Detonation

Resonance
Heat Release i e
Hugoniot

'P3’ Thrust Pressure

/ / / ~610x Py
¥

Pressure in detonation tube

Pressure

Blowdown
Initial
Condition

£ —

_ Deflagration vs Detonation

A Detonation

@
5
©
@
o
£ Deflagration
2
* Entropy
Deflagration o = —_ 1
(Conventional § :| {  Detonation
Combustion) QM 1 o guperso::g:nﬁame
: m— S ity ¢ 0+ ¢ Hest Releate x>
Expansion o Pressure Rise
2 + 20-40% higher
1
§
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¢ 2 Critical Initiation Energy
S&% 1000 grrmm—rrommy—rrmy vy gy
® inOxvaen and Other a
I o in Ai):yg Practical b
100 FitE(_m=3.375k3 Hydrocarbons St E
s~ C2H6
= 52" coHa
E 10 ¢ -
£ ; < C2H2
g Dense Phase H2 “eCH4
= 1 3 E)Fplosives o *ome
O I." C2H4
0.1 F v o C2H2 3
0.01 Y TS WY ERTTTS RRTIT SERETIT BRI ST EEETTTT SR BESTTr Swwern e Eea e

10° 0.0001 0.01 1 100 10 10° 10°
Initiation Energy (J)

\_ ~  Propulsion Systems

S ot roc N ]

poon | [ mTOROGEN =

 Single-cycle ol <o
covers Mach 0-4+
« Good supersonic

feompilled by
Kailasanath, el al)

wr AFRL H, PDE
i AFRL HC PDE

performance | -y e e b -k
H H & - S S \ PDE e
- Pulse jet is ‘failed™™%ullo | .
“Pure’ PDE i BOJETS)

L] H 4 [] L w " " "w
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Bussing ef al. (1997), Rov (1999), and Schaver i al. (| 1998-2002




P51D with Pulsejets

o Experimental Aircraft at WPAFB post-WW]I

Detonation versus Pulsejet

Y — i e

Rolls-Royce
V1650

- 1260kw (1,695
hp)
» Cost $25,000

" Ford copy of German
Argus AS014 pulsejet

+ 8kN (1,800 Ib) thrust
+ Cost $1,600

Combustion /
Detonation Modeling

In House CFD

3D Deflagration/ Detonation
Modeling

+ Initiation and DDT Studies
+ Detonation Propagation

+ Confinement/ Obstructions
» Shock Reflections

« Chemistry-fluid dynamic
interactions Moving Ref. Frame at Detonation Speed

N
~

Peak Pressure or ‘Smoke Foil' Traces with Particle Traces
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D-Bay: Pulsed
Detonation
Research Facility

Full Scale Explosion
Proof Engine Research

Facility
3 kg/sec 6 atm air supply
« High Capacity
Inlet/Exhaust Stacks oo Thiie m .
« Direct Connection to am heblodd
Liquid Fuel Farm - ACNE R e -
4 *Choked Flow P - r"r -
Measurements - Fuel and §_ i |
Oxidizer
~o 4 *Hardened Remote
i Control Room
+16 High Frequency DAC
Channels, up to 5Mhz
| »High-Speed Digital

Imaging Systems Remote Control and
Isolated and Protected High-Frequency DAC ¢

./~ Integrated Remote
\\‘%4’/‘ Controls for: Facility,
e Engine, and Data
Acquisition
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AR EEEEEE
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__ Adapting OHC Cylinder
2 Head to PDE

Automotive Engines Valve/Camshaft
Designed for 8-20 Pressure \ ]
Ratio 5
Provisions for Valving, To Intake T
Fuel Injection, Timing, and  Manifold ™ S
Cooling Fuel Injection e§ §
O =

Vapor Carburetor Available ©°r Vapor

Bolt Flanged PDE Tubes to SARAISIE
Cylinder Head

Multiple Tubes/’Header’

Effect

Extra Valves for

Predetonator or Purge

Cycles

Cheap/Mass Produced

IgFg

PDE Tube

_In-House PDE Research Engine

"*"'._.': GM Quad 4 DOHC, 4 Cylinder Pulsed Detonation Engine

- Lowcost Technology - < $2,000
Initial Hardware Investment

» Pontiac Grand Am Cylinder head
(formerly 150 BHP) converted to
research PDE

+ Test-bed for PDE Research,
Benchmarking Performance

« Predetonator/Initiator Development

- - High Frequency Operation

e ot + Multi-tube Effects

B 2 « Pulsed Ejector Research

Modified Automobile IC Engine =

Adapter Plate Mounts Detonation
Tubes

1-4 Tubes
Electric Motor Driven Camshafts
0.5-40+ Hz currently (per tube)
Vapor Fuels: Hydrogen, Propane, etc.
Liquid Fl: Gasoline, Ethanol, JP, etc.

Stock Intake
Manifold with Ball
Valve Selection of

1-4 Detonation
Tubes

(Purge Manifold
Similar)

2

o
| s



AFRL/PRSC

In-House Research ‘Quad- 4’ PDE

. ,80Hz H2/air with a Quad 4
-4 Cylinder Head

250

1960 m/s 2230 m/s 1940 m/s | 1782 mis
¥

200 - — ~
150 -

8 100

2

5

E 50

0.—

Spark Trigg
—— Closed End P i
-50 - ——lon 16.5" |
Pressure Transducer I"’" 26.5" \
Thermal Drift ol
100 ! . I ]
0.440 0.450 0.460 0.470 0.480 0.490
Time [s]




_ Schelkin Shocking Spirals

Y

T T A S R T
DDT through flame acceleration
RESULT: Dramatically increased thrust,
DDT between 3 and 9" instead of ~36"

=Y

Polycarbonate tube

s ——_____lwith Schelkin Spiral Typical

Events during
DDT

Formation of hot spot

Propagation of hot spots

Microexplosions

Detonation propagation (to
right) & retonation
propagation (to left)

o
je—"%



Thrust (N)

100 ————— 7

80

rog-

60 ®

.

s
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Frequency (Hz)
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Critical Initiation Energy (J)

Initiation Energy for Propane/air
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A

Equivalence Ratio

Average Wavespeed (m/sec)

2500 -
2000 |
1500 -
1m05

500 -

0.9

3 Hydrogen/Air
31 e, Sty sy
| 23
28 - .
26/ . e
E@ 24} S
= L]
22'. o
2of
L a— 1 15 2 25
PHI
Equivalence Ratio

L ] o ® .
L]
L ]
L ]
] Detonating
®  Weak/Intermittant
0.95 1 1.05 1.1

Equivilance Ratio (¢)
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demonstrated

\
R, /i". = -
N Equivalence Ratio
Shepherd H2/Air Calc
6000 77T o 5
[ Shepherd C3H8/Air Calc
o | @ ® (C3H8
e ‘oo ®  Shepherd C3H8/Air Exp.
8 B A (02 initiated - 6% predet)
- r o MoGas
g 4000 [ . o Avias
w0 [ . JP8
@ y
s gasooo - o o4
2 [
E 2 [ ]
o> 2000 4
= - ® -
§_ i ]
g 100 r ]
0 L | | Lig g et o oty giliny o
0 0.5 1 1.5 2 25 3
Phi 2
N\ A = =
Nos Fiber-Optic HC Fuel Sensor
NN
NAav
From Source
Typical Raw Signal for Cold Flow (& =0.6)
To Detector T T T I 1
g ™ it vatie cidass I 3 ﬁ
Control Room
g 00 TIT X
* IR Source - 3.39-um &
commercial-grade cw laser !
2 .0.100 !
» Detector — uncooled lead ¢ -z R 1
S&lenide ‘ Purge vaive cioses AN
Very weak T, ependence 03 0.4 05 06 0.7 od
+ Potential H20 problems? Normaiized Time
+ 3 kHz acquisition rate easily
n
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 Dynamic Equivalence Ratio

Choked-Nozzle-Measured Equivalence Ratio

il Quantitative Time-Varying Propane Equivalence
Ratio Derived From Raw Sensor Signal
Cold Flow: & =0.6, fillfrac.=1, 20 Hz
desired
i — . :
f Typical spark delay Bb R |
0.70 | QIR ;
o k CRRHXX a
« 0.60 | Fill valve closes o2 |
S : |
£ 0.50 © - !
£ : 35 E
B 0.40 I . |
w F % e 1: !
] 0.30 © taatets
= k SHXX |
@ £ Purge valve closes . i
é 620 L Fill valve opens B |
F oaoas '
0.10 Z : 3
0.0 — R 4 Lelelolele) NNEN
0 0.2 0.4 0.6 0.8 1
Normalized Time e
Measured ¢ Versus Mass Flow ¢
e 11| A
= L %4
@ | o " |
g 1.0 - re ety
3 ; K 3
g 0.90 | ; i e
S [
] 5
= 0.80 : s
2 070 | T |
] | - {
= I -..' i
> 0.60 [ o ]
g 0.50 | ¥ ;
[ !
P ORI SURPIE S DD SEUES PUE S
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AN / - -
w2 OH Emission Results
NV
[ -~
OH Emission OH in PDE
180 1.2 Sae—
120+ 1l
g ® L o8-
B s
EWor 2
w : 0.6 -
! w :
: g o4
A-X (1,0) il
0 fi i i y ¥ . ol
280 290 300 310 320 330 340 0
Wavelength (nm) Equivalence Ratio

i)

OH 'Signal’

OH Results in HC fuels

......................

1+ . P .

0.8

0.6 |
[ ® (OH Emission (Exp)
L X ,, Deflagration (Calc)

04 : X ,,Detonation (Calc)
t

02 .
[

0',-_....____' 1 (R VY R TR N G oY o o FE o Ty

0.8 0.85 0.9 0.95 1 1.05 1.1 1.15
Eqgivilance Ratio ( ¢)
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Liquid Fl for PDE

Pressure (atm)

. Detonation of Liquid HC/air [

. .
~ -
~

180 I_,_ e ———— . 2500 1 - —
| b5 ,:_
150 ':- 1 5
f ' | @ 2000- M
120 ‘ " P3 + 60am §. .. ,_ ‘g R .
L 1 P4 + 80am | NE ]
90 . [' ,“M‘Pﬁa‘w g' 1500 / » -
[ i | @
‘;v'\&- . | 3 /
60 [ ooy . - - = ?,
E | 1000
: s
30 F A R o IOt fé
£ ] © 2
E : 1 = b
0 :':_' = *WWW~W__,1: 8 500
| 8 t
0 1 2 3 4 5 P1 P3 P4
Time (msec) Location
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Variation of Tube

&- Fueled/Detonated
100 T | 1
09
80 - = s 08
< ‘ 0.7
Z 60 = 4 086
§ - H'ar : 0 5
Sl & e I s G
03 - Zhdon st ol
* Zitoun el al
20 - 1 0.2 > L1 and Kailasanath
Partial Fill Model
0.1 Liand K Madal
0 L n 24 Glllllllllltl]rllxlll
0.2 0.4 06 0.8 1 12 0 0.25 vor'ir" 075 1
Fill Fraction
2
N Partial Fill Eff
artial Fi ect
\-'_‘.‘.'.'0‘ = _ = -
3 Efficient Throttling
12000 = v 1
[ | —_— shepheed ',1._,_.,'
10000 - a4 ® mad freq cooled 99
[ B low freq cooled 99
E L 4 med freq alum 99 25 - : r———T
3 BODO - & low lreq alum 99 ——— Mtrafanow Calc ]
3 r ¥  Hitreq cooled 00 P . _ ]
;‘g » hightreq hotsteel01 | E= il el ',
5= gooo 4 6 ftwbe 00 E ; |
ag ' @ & hwbe 0! 3% 2 ]
5 [ n 35 dia 01 E% S |
£ 4000 - B
-3 |
) o5 . . ; X
[ 02 04 06 08 1 12 14
2000 - = Fill Fraction
0 I | 1 1
0 0.5 1 15 2
Fill Fraction 30

(detonable fill length/tube length)




_ Nozzles and Blow Down

o s

AP
. 2D Nozzles, 610mm length
on 50mm dia x 940mm
Detonation Tube
g o pa— — — Converging (2:1) Nozzle |
Converging [ Diverging (1:4) Nozzle
(2:1) Nozzle ] 0 Straight (Square) Nozzle
Diverging g -| Straight (Round) Nozzle
(1:4) Nozzle | F 75-
& ] =
Straight | B ol o
(Square) Nozzle § i 2.07 ms
] 8 45t
Straight ] o [ ]
(Round) Nozzle ' 8 e
i 15
- o S ETAT EPEPRPINL AP 0 .._4_ FIFEFING iandrar & o @S S S W0 S PR
40 45 50 55 60 ¢ t 2 3 4 8§ @& 7
Thrust [N] time (sec) n
w5 Applications
- 8000
I
Resonator 7000 ({433 Turbotan
g
Continuous g o0
PDRE’s £ s000
a
E
Low Cost PDEs ¢ 4o
(Pulsejets/ejectors)
PDE
PDEs for
- 2000 jees ¥y
Supersonic
Cruise/Boost 19

Rockets . T
Hybrids of ———

Flight Mach Number

e



» PDREs (Pulsed Detonation

b4 Rocket Engines)

~

« Same benefits as
increased chamber
pressure, but reduced
feed system
requirements

« Throttling @ operating
frequency

« Unsteady
nozzles/valving

‘. Pulsejet Performance

N

Detonation versus Pulsejet

Haad Pressurs (sim)
- = >
St SR B SR

L] 02 04 0.6 08 1
Fill Fraction (LAIVLiube)

Detonation versus Pulsejet

g 50
2
E BI
o 10 12 1 18
] 10
=" |] ’
g 0 :
10 12 14 16 18
[
4000 ¢ time (msec)
[ P
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..~ Gas Dynamic Valving
1‘ ® Desbourdes Data ]
g 0s . -
2 08 Er
2 oorf e | . AFRL Valveless inlet
06
05'__ ......... Loy ]
0 02 04 06 0.8 1 1.2
Valve Area/Tube Area
Valveless Operation Impact
- PDE Driven Ejector

+ High-bypass effect

— Can a secondary flow be entrained

— Does the entrained secondary flow increase thrust
+ Noise reduction

— Are noise levels reduced by ejector
« System flow control

® =

PDE

Ejector Pump

&
- & I B G G S B B G G B S B G O D = e

sl



E’mentation
Total Thrust/Unaugmented Thrust

Au

0 1 2 3
Ejector Inlet Axial Location, D

5

0
0 0.5 1
Ejector Inlet Location, y/D




Critical PDE Experiment

S Joint Boeing/NASAgrc/AFRL Pulsed

i Detonation Engine Performance Validation

Direct Connect Flight 8000 555
agw v+¢4 High

Conditions ::::;s Bypass

e 7000 sees Turbofan
= Mach3 ‘L}Q i AFRL experimentally

» measured HC PDE
* Altitude 6000 @ 1014 Test Data Corrected To Flight
5000

Specific Impulse (sec)

Scramjet

.

PDE Performance
4000 /] Okt
Turbotan/jet & 27,
3000 4

Compared with

Boeing/AFRL models 1000
+ Good Supersonic <
Performance 0 2 4 6 8

Flight Mach Number
Bussing ef al (1997), Koy ( 1999), Schaver ¢l al, (19082004}, Kaemming ¢ al. ( 2004}
9

Techland/AFRL 7 Tube
Rotary PDE
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=
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/ Detonation Driven Turbine

NN Y
3.00 e ™I Ty
| O spitio rbine -
280 - . -
260 -
(%] - -
K240 |- 2
L u 500 = =
gz.:u g 13 |
5200 - 143,0007] o]
180 - 12500
1.60 -.. 10.100 RPN= = 200 ! —— Turbine Inlat
1.40 [ g & == Turbine Outlet
120 | L Tan Je
it LI 88400 M § 200
100 T I S I I e T | L E
0 2 4 6 &8 10 12 14 16 18 20 22 100
CORRECTED AR FLOW, LBSMIN 10 [
kg/min 0 0 i
i T
0.01 0.015 0.02 0.025

“D.[L

(Y
N

Ny

_/ Detonation Driven Turbines

—
Lt
~

GE 600kW
Axial Flow
Turbine

AFRL Centrifugal Turbine

+ Significant Hybrid Turbine
Cycle Efficiency Improvement
Theoretically Possible (5-30%
vs conventional)

» Turbines Surviving
+ Turbine Component efficiency
is key
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Technical Challenges

N
~

» Detonation Initiation of g SRR BEAE

Detonation Gas Phase |

Practical Fuels 000 | TMAAMaNAR,  Temperature |

* Heat Transfer E . WW"’*

- Aspiration g |

+ Unsteady Flows e |

« Engine Longevity g LS I - :

 Airframe Vibration B e .
Detonation Tube o |

. Acoustics 400 I:’ Hoop Stress ‘Load’

Stress (MPa)
L
8

/

1

=

u_':.‘

s

L

-

&

iz

@

3

w

»

O e L 1 —
0 200 400

Temperature ("C)

Thrust (N trom Head P)

Vibration Loading

Pt
AU N

¢, Damper K, Spring Rall  Slide Bearing
2500 i —_
F, Thrust
2o | e
—
1500 i |
| ” -
— x, Linear Disp nt Transducer
500 _ * Pulsed thrust creates

i oscillating excitation
Simple frequency/

| | |
0 .f'.«.'a_x-‘z.u_m.«r*_r.v.-_-rm.-‘*.—&J—'.-nnyte*rar

’ ’ Hihatessh ’ °  harmonics easy to tune
out via spring/damping
mounts
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% Vibration Measurements

. Overall detonation vibration levels
considered low
. Conventional IC engines exhibit

higher vibration levels

PDE Piston P B
.. Engine/Mount ~ Engine/Mount l.""*’,f" y

2g vibration i




PDE Acoustics

TYPICAL TIME HISTORY FOR L —
20 HERTZ FIRING FREQUENCY, =39 A | I —
FILL FRACTION AND &4—1

EQUIVALENCY RATIO OF 1.0 E

TIME - SECONDS

Highly Directional
Peak Tone

+ 190+ dB

+ short duration
RMS

+ 170 dB

AFRL/PR and AFRL/VA

Detonation Shock Decay

] e

Strong Shock Regime Weak Shock Regime

240 . = . — T Tt i x .

v = = Von Neumann Spike
F :
E n ——S5.5. Regime
T 220 ~ W.S. Regime
g A Experimental (f=0.2-1.2, 90 deg)
o ® Zitoun et al (1f=1.0, 180 deg)
2 200 tep e L C =T T T o
o
Xx
©
o .
o 180 P : o4
> ~e 4 ~ 1% error
2 160 - Sy -
m |~ i
: "u‘__
140

0.1 1 10 10&
ity ‘E
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/A i .
‘. ., Detonation Shock Decay (60° Off Axis)
oo Pressure i Speed
" 1.
10 ". }m
Q 20 40 M:Iomlm‘:{:lnuhl 100 120 Q 20 4l:hd“ m::w. umr:o 100 1208
1" tube, Radial Distance in = r/D ] g =
t.(d
Exit Acoustics
% _ “  Propulsion/Air Vehicles (Leonard Shaw)
_F_ o

.|_40cm Downstream

= mone v}

PALARRCT M

]
I
)
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'

100 |

Detonation Initiation —
Technology Hurdles

DDT Losses

S dia pradatonators

ry _~ 16" x 2dia spiral (2* tube initiator)
4000 I'as 3 e

. 80 | ‘. Liq HC/A#r iz
2 s0f 13 8000
£ | s | '
o 40 t {1 & I
g i c | g 2000:
= 20 %:- 3 ‘§ [ * 35 tues O 2 Iubes]
has | 3 1000 |
o [
- !
20 ! o Liairacss i licea
5 0 5 10 15 20 0 o1 02 03 04 05 06 07
time (msec) Initiator Section Yolume Fraction
(initiator mechanism volume/total tube volume)
L]
» Supercritical Fuel Injection
o Detonation of JP8/air
P>
200 ¢ —
—— Conventional PDE
Fuel Injection
150 - Supercritical Fuel
Injection
100 ¥ ——————

Cold FI

Head Pressure (psig)

Hot FI

time after ignition spark discharge (ms)
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Regeneratively Fuel Cooled

52" with Supercritical Fuel Injection

~

00 —mm™m—p—————7p——————7——— T 1
700
. 600 | i
"g £ i
—l & P20 i
- - vE 400 | . 1
[ 13 4
Detonation Tube with & 50 | | Z-25000 700 Mo . 4
Fuel Heat Exchanger & bop | “
iy :
100 '\N‘ 1
. : |
aoo 400 500 BOO 700 B0y

lR Image Of Fuel Cooled Fuel Injection Temperature (K)

Detonator Tube Fuel Inlet

Fuel
Exit

53
¢ » Endothermic Fuel Injection
e versus Flash Vaporization
- 20.000 7— — = =
18.000 ‘
16.000 I |
|
o 140009 { Flash JP8, |
% 12.000 560 K injection i
E 10.000 1 3 i { X
& 8.0001 s i L I :
& 6000 4 N |
- ’ Endo JP8, L Endo JPB.I i I
4.000{ 910K injection  g79 K injection g Endo 4p-8, Temp < 1175 F |
2,000 A Endo JP-8, Temp = 1100 F |
® Flash JP-8, Temp = 550 F
0.000 . =
0.6 0.8 1 1.2 1.4 1.6 1.8
54

Equivalence Ratio




Non-thermal Plasma Ignition

in HC/air Mixtures
AFRL PRA/PRT and USC, OSU

35
30 + k- —a D . tharma 1o
| = =&l= = 25 kV USC non-thermal Plasma
| =—e— Conventional Spark Ignition
= 25 |
) | "
E | f
] 20 | I
E H
S = ﬂ 9

c I E
S 15 =
5 &
=] =

10 5,, b

= by
8 : "'ﬁ.-.,i n B
5 |- B J"-"-{"-"._. "
0 4 - . e Il
0.6 0.7 08 0.9 1 11 1.2 1.3

Equivalence Ratio (fuel/air)

55

Detonation Splitting

Concept CFD Model

Split Detonation from
Conventional
Detonation Tube

Propagate
P hrougl;/

Detonation t
Transverse Tube

Initiate Second Tube

T — ety

o H2/air Results |
% 800 - I
2
! B0
s | Spin Detenation Initiated
; 400 -t * foftser 200 pel)

9

- G o BN N BN B B B BE B A G B Ep By B &N BN GE e



A A - -
N\ Spiral Detonation
\“;”ffj JP8/air near ambient conditions in 20mm tube
~
Sustained Spiral
2100 + =
Detonation —
1900 \* 'A= :-:-1 15
{t N r A — Phim1 2
. T\::\ L ——--—4-*':3-“3"1 - :::T
o s e P
g 1500 \\ == 4}_, = \ _|—e—Prm105
} 1300 /-J \\
Decoupling
1100 at__
%\ Transition
” 1
e 1 2 s . ;
Tube Location
. » Spark Versus Branched
S Ignition
0.1 ] B |
06 _M —
05 2  oH :
— 04 014 0048 QoM r:;l' -
£ 05 A
5 @ L Spit o Soeikc |
e Initiation / 4 Ignition
* o
0
-0.1 Spark Ignition Pressure
Ignition —— Detonation Ignition Pressure
02 - -
0 0.005 0.01 0.015 0.02 0.025 =




__ Split Detonation DDT Time

'

« Eliminates Chemical Ignition Time (typ 6-11msec)
» 40% decrease in DDT time

26
24 3 PN
e = Ignition
22 - -
= 20 +
Split Detonation :
E 16— nitiation——————————————
1.4
12 ) —+— Spark Igrition ]
. Eh"arcl'edlg‘mm]
1.0 : x —— e
1 1.06 1.1 1.15 12 125 13 135
Equivalence Ratio

__ Pulsed Detonation
& Propulsion Summary

Cheap, simple, high performance propulsion
that is highly scalable and efficient across a
broad operating range (Mach 0-4+)

Acknowledgements: PDRF team and collaborators, funding by AFRL/PR, VA, AFOSR and industry so

‘d
2
e e



AFRL/PRTC, Bldg 490

1790 Loop Road North
Wright-Patterson AFB 45433
Phone: (937)255-6462

Frederick.Schauer@wpafb.af.mil

31



von Karman Institute for Fluid Dynamics

RTO-AVT-VKI Lecture Series 2007

ADVANCES ON PROPULSION TECHNOLOGY
FOR HIGH-SPEED AIRCRAFT

March 12-15, 2007

TURBINE BASED COMBINED CYCLES

A. Bond
Reaction Engines Ltd, United Kingdom



Turbine Based Combined Cycles

Alan Bond

Reaction Engines Ltd

Building D5, Culham Science Centre, Abingdon, OX14 3DB, United Kingdom

I Summary

The atmosphere both supplies the most massive chemical component (the oxidiser) and over
95% of the reaction mass needed to potentially realise highly effective engines for vehicles
flying at all Mach numbers. The development of gas turbine cycles to manipulate this medium
from a static start and operate up to around Mach 2.5 has been very successful, delivering
high thrust/weight and specific impulse. In deriving propulsion systems which extend the
flight regime they therefore seem an obvious technology with which to start.

However, the ability of gas turbines to handle high temperature inlet flows (= 600K) is
seriously limited by the need to carry out subsequent compression work on the air prior to
combustion. It is therefore an obvious step to seek some means of reconfiguring and adding
other features to the gas turbine which preserve its best low speed characteristics while adding
new capabilities.

In particular we would like the ability to operate at higher cruise conditions (to Mach 5 or so)
or to continuously accelerate to orbital velocities (7.8 km/s), while keeping the ability to
aspirate from a static take-off. These are the Turbine Based Combined Cycle (TBCC)
engines, one early example of which was the Pratt & Whitney J58 turbo-ramjet which
successfully powered the SR-71 reconnaissance aircraft at over Mach 3, and another “species’
of which is the subject of this paper.

By addition of a precooler in front of the compressor and by driving the compressor with a
turbine not in the air loop, it has proved possible to design engines able to meet the cruise and
accelerating conditions referred to above for antipodal civil transport and for reusable space
transportation applications. These engines use liquid hydrogen as fuel because of its
outstanding thermodynamic properties and low storage temperature. However, the fuel is not
simply used as a coolant, but as part of a thermodynamic cycle in which work transfer plays
as significant a role as does heat transfer and the overarching principle is to minimise the
combined entropy rise of the air and fuel together.

In the following, the theory of airbreathing engines is derived first in order to place limits on
the theoretical performance of these engines, and then the theory of precooled engines is
derived and compared with the ideal case. Two of the engine cycles being examined at
Reaction Engines are then described, the Scimitar intended for Mach 5 antipodal cruise and
the SABRE intended for accelerating a single stage to orbit (SSTO) reusable spaceplane.

2 Theory

2.1 General Theory of Airbreathing Engines

The conservation of energy and momentum enable a quite accurate estimate to be made of the
performance limits of all chemically fuelled airbreathing engines irrespective of their internal
machinery or configuration. Consider the following ‘engine’.
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The vehicle has a velocity relative to the air U. We take a frame of reference at rest relative to
the engine. The flow of air entering the engine is m, and the fuel flow is m, which upon
combustion releases Q¢ joules/kg. The velocity of the exhaust is V. The engine produces
thrust F Newtons. The second law of thermodynamics determines that only the kinetic energy
of the air and the thermochemical energy of the fuel are available to effect propulsion, the
thermal energy of the air being unavailable. The proof of this is not undertaken here. The
efficiency of conversion of this total available input energy into exhaust jet kinetic energy is
niand can range from 0 to 1.0

Hence:

F=(m, +m;).V-m, U (conservation of momentum)

"

(Q;.m, + ma.—,’—).q, =(m, +m, }.—;—- (conservation of energy)

s

x : ' 3 .. . m,
After algebraic manipulation and writing afr = —-:

m,

V= (2Q| + aﬁU: ]_]]l
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We define the thrust per unit fuel flow as effective exhaust velocity, V_, =—— and arrive at:
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+ qﬁ'} n, —afr

(38 ]



This equation is quite generic and contains a great deal of information about the capabilities
of airbreathing engines. It can be shown by differentiation that there is an optimum value of
afr which maximises V,; so long as the combustion is less than stoichiometric and n; is

constant .
Substituting a = -‘%)-'— for convenience, the optimum afr is given Dby:
=TI
e:Iﬁ"=l (a )—(a+l)
2 1-n,

Inserting values for hydrogen, Q¢ = 1.2x10°® J/kg, stoichiometric aff,, = 34.029 and a typical
efficiency of n; = 0.8 we can examine the variation of parameters with Mach number. It is
convention to work with the equivalence ratio ER = afr/afr and this is plotted against Mach
number in fig.1. The corresponding optimum Vg is shown in fig.2.
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Fig.1. Optimum Equivalence ratio for hydrogen fuelled engines vs Mach Number
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Fig.2. Optimum Effective Exhaust Velocity vs Mach Number

Also plotted on fig.2 is the Vex curve for stoichiometric combustion (ER = 1) so that the
region between this and the optimum curve correspond to the usual range of equivalence
ratio’s. It is immediately evident from fig.2 that hydrogen is far superior to hydrocarbons with
respect to performance. although the physical characteristics (low temperature and density)
raise taxing design issues.

As the ER = 1.0 the thrust per unit airflow increases (not derived here) and the size of the
engine is therefore reduced. At speeds around Mach 5 it can be seen that there is little
performance penalty in operating above the optimum ER and from fig.1 it can be seen that
above about Mach 6 the engine will always operate at ER = 1.

With current technology the final acceleration of the flow from an airbreathing engine is
invariably achieved using a nozzle in which the pressure falls from a plenum value to the
ambient static pressure. In the plenum, the total energy of the intake and fuel combustion
appears, including the thermal content of the captured ambient air. The total-to-static pressure
ratio of the nozzle, treating it as an ideal friction free flow, is given by:

y-1
afr.U* +2.Q, P, ]T
= n:' 2 = ‘ =
afr (U +2.Q,, )+2.Q, P

N, =
n

This assumes that the whole of n; is accounted for by the final nozzle performance. This is

clearly not the case but we are interested in principles in this paper. The pressure ratio of the

nozzle is determined by the intake and internal machinery compression processes. For the
intake the compression can be expressed adequately in theoretical studies by:

16



5_[ L )Mn)"_[n(l—nu) Dy ]_1
P, 2

Where v is the specific heats ratio, nke is the intake kinetic energy recovery efficiency and
Mn is the flight Mach number. If (P/p); = (P/p)n, the intake recovery pressure ratio is greater
than the nozzle expansion pressure ratio and the engine is in the ramjet regime. Internal
compression at that Mach number is then unnecessary to achieve the internal energy
conversion efficiency stated. However, without internal driven compressors the engine cannot
accelerate from rest to this operating condition and some form of combined cycle is needed.
An obvious combination of a gas turbine and ramjet is simply to bypass the gas turbine at
sufficiently high speed by diverting the air from the common intake into the ramjet. The Pratt
& Whitney J58 was this type of engine.

An alternative to bypassing the hot flow round the core engine is to cool the captured air
using the hydrogen fuel and to pass it through the core at all flight conditions. This
mechanism is described in the next section.

2.2 General Theory of Precooling

At Mach 5 the air stagnation temperature of ‘perfect air’ is about 1320K (about 1240K with
real gas effects) and it is impractical to compress it directly to high pressures due to both the
work requirement and because the resulting compressor delivery temperature would be too
high to handle. However, more subtle thermodynamic processes are possible when the fuel is
liquid hydrogen, possessing high thermal capacity and entering the engine at very low
temperature. The possibilities this opens can be examined by considering the air and fuel
entering the engine as a single thermodynamic system having enthalpy and entropy which are
conserved during the air compression process. The chemical potential is not employed in the
first stage of the analysis where we consider an engine operating in cruise conditions at high
speed.

We use perfect gas relations to keep the derivations simple and to make the underlying
principles clear. The enthalpy balance through the compression process is:

(rhCP) (T, -Ty) = (IhC,,)m(T,- _Tl)

air

Where T, Ts are the air entry and exit temperatures from the compression process and T;, Ty
are the hydrogen entry and exit temperatures. mC,, is the thermal capacity of the appropriate
flow.

The entropy balance, AS, through the compression is given by the sum of the well known
expressions for the individual fluid streams;

i T : .
AS=m | C,,; .Ln = |-R, .Ln —=||+my,| Cy,.Ln L -Ryp.Ln L1
TI Pl ] ) T; i Pi

where m is the mass flow, Cp the specific heat, P the pressure and R the gas constant for the
appropriate fluid. For a perfect cycle AS = 0, otherwise AS > 0.
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Substituting K, thI ;” ; = _S ., R= Ci,[Y—] with y, and v, for air and hydrogen
m P Jar ma:r Y
( I‘

respectively where y = . the ratio of heat capacities at constant pressure and constant

-~

A

volume, the above relations become:

(AR ) o)

For the moment it may be assumed that As = 0, T, is given by the flight condition, T; is given
by the hydrogen storage and pumping conditions, P; and Py for the hydrogen are left as a
design choice and that K; which is the reciprocal of afr scaled by the relative specific heats, is
determined by the general requirements of efficient propulsion as discussed above in 2.1 .

This leaves Ts and Ty as free variables to maximise the pressure ratio %— This optimum can

|
be shown by standard methods of calculus to occur when Ts = Ty This is also a general
consequence of the second law of thermodynamics. for if Ts # T¢ it would be possible to
derive more work from this temperature difference to drive the compression process. If these
are set equal their value can be determined from the enthalpy balance relation. The best
attainable pressure ratio is then determined from the entropy equation. Without heat addition
by combustion this is the very maximum pressure ratio across the compressor which is
thermodynamically allowed.

For example:

P.
Letya= yn=14. T, = 1320K, T; = 35K (following pumping), F’ =1 (i.e. no pressure changes
on the LH> side). K; = 0.4188 (stoichiometric fuel-air ratio).

P
It then follows that Ts = Ty=940.7K and — = 38.04.

This is a very theoretical example and, due to the practical constraints of actual components.
the real values which can be achieved for the pressure ratio are very much smaller, by a factor
5 or so. We can also see that for the above example the compressor inlet temperature at Mach
5 would be only 333K for isentropic compression showing that the air will be pre-cooled
substantially before entering the compressor.

Using the precooling technique for achieving high speeds, the compressor temperature regime
becomes very conventional and the hydrogen fuel exit temperature is relatively low while
remaining at the full pump delivery pressure. At the same time, the equivalence ratio remains
low (1.0 in the above idealised example) so that the engine can achieve close to the theoretical
maximum specific fuel consumption derived in section 2.1. However it remains to determine
practical cycles which can deliver the above thermodynamic results but, here. thermodynamic
theory proves infuriatingly vague. Having shown us that there is a *promised land’, it provides
scant clues on how to get there!



As K, is increased the pressure ratio attainable also increases, which will increase n, and
hence n; in section 2.1. However there is clearly an optimum to be struck since the afr will be
increasing beyond the optimum, or even beyond stoichiometric at some point. This effect is
modified if heat is added from an auxiliary combustion system so that the work available at
the compressor is greater than that from the recovered kinetic energy alone. This is important
in designing a combined cycle to operate at low speeds when the inlet kinetic energy rapidly
falls to very low values.

In constructing combined cycles we are therefore aware of the following possible features
from the theoretical arguments so far.

The engines will have a ‘core engine’ in which a compressor is preceded by a large heat
exchanger, ‘the precooler’. The coolant will be part of a thermodynamic cycle containing a
turbine to drive the compressor since the delivery pressure of the compressor is only that
needed for the propelling nozzle and has no possibility of providing other work. The coolant
available will be guided by the afr derived in section2.1 (but see the SABRE engine below!).
The thermodynamic loop will contain a ‘preburner’ and a heat exchanger to heat the cycle at
low forward speeds. Finally, the waste heat from the cycle will be rejected to the hydrogen,
either because it is the cycle working fluid directly, or via yet another heat exchanger to the
cycle working fluid. It has become convention in Reaction Engines to call the precooler HX1-
2. the preburner top-up heat exchanger, HX3 and the heat rejection heat exchanger, HX4.
Their context will become more evident in the engine examples which follow.

3 Example Engines

3.1 The SABRE spaceplane engine

The SABRE engine is designed to propel the SKYLON single stage to orbit reusable
spaceplane. It is an accelerating engine, having no cruise phase, and in this case the combined
engine has a core engine integrated with a rocket engine which continues the acceleration
beyond Mach 5 to orbital speed. The general engine appearance is shown in fig.3.

Fig.3. The SABRE engine installed in its nacelle.

A general feature of these TBCC engines is the bypass duct which is needed to match the
intake capture flow to the core engine flow over the flight Mach number range. This
component can also be used to add additional propulsion modes to the basic combined engine
cycle by incorporating a combustion system in the duct and in this limited respect they
resemble the turbo-ramjet concepts described above. However, here the bypass flow falls
steadily with rising Mach number reaching zero at Mach 5 rather than the contrary.



In the SABRE engine. the requirement is to minimise engine mass and base drag and the

design therefore uses a common combustion system and expansion nozzle for both modes of

operation. In order to maximise the rocket engine exhaust velocity the area ratio must be
around 100 and the rocket mode combustion pressure approximately 145bar in order to limit
the nozzle size. In order to use this same nozzle in airbreathing operation the compressor
pressure ratio must be very high, over 140:1 permitting the combustion chamber pressure to
reach over 100 bar in this mode. A simplified cycle diagram is shown in fig.4.
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Fig.4 Simplified SABRE Cycle Diagram

In airbreathing operation the air flow (blue) passes from the intake to the precooler which is
cooled by cold high pressure (200 bar) helium (green). The cold air (about 140K) is then
compressed. part of which is then delivered to the preburner and part to the main combustion
chamber.

The high pressure helium is heated to a constant delivery temperature of 1180K in HX3
before being passed to the turbine to drive the compressor. The helium then passes to HX4
where heat is rejected to the hydrogen (red) before being recompressed in the helium
circulator.

All of the hydrogen passes to the preburner where in combustion with the air flow it produces
a hot hydrogen rich flow (1800K — 1500K) to heat the helium in HX3 before passing to the
main combustion chamber to meet the remaining air flow. The preburner temperature is
controlled at different flight conditions by adjusting the air flow split between the main
combustion chamber and the preburner.

Upon transition to rocket operation the turbocompressor is taken out of the power loop and
the liquid oxygen pump brought in. There is a substantial change in the power demand and
the operating conditions of the helium loop (pressure, temperature and flow rate) have to
change to accommodate this.

The liquid oxygen is used to cool the combustion chamber and in rocket operation is
vaporised to substitute for air in the same injectors. The use of helium in the power loop is
dictated by the need to avoid hydrogen embrittlement in the hot precooler and the



convenience of the high specific heats ratio which minimises the pressure range (4.5:1) that
the power cycle has to operate over. These are practical constraints which are not relevant to
the thermodynamic subject of this paper but are mentioned to clarify the reasons for some of
the choices.

In order to achieve this high pressure ratio (140) the SABRE engine operates with a very high
fuel flow corresponding to an equivalence ratio of 2.8, i.e. well over stoichiometric. As a
consequence the Vg of this engine in airbreathing mode at Mach 5 is only 16,000m/s
compared with an optimum value of about 46,000m/s. Even so the combined effect of both
modes is to enable a single stage to orbit reusable vehicle to be realised. There is obviously
scope for substantial improvements in performance in future engine designs.

3.2 The Scimitar Engine

The Scimitar engine is configured to power a Mach 5 civilian airliner. Although the design
requirement is to cruise with high efficiency at Mach 5 it must also fly with acceptable
efficiency at Mach 0.9 during overland flight path segments to eliminate sonic boom. In
addition the engine must be sufficiently quiet at take-off to satisfy international noise
regulations and this can only be achieved if the exhaust jet is subsonic at take-off. The engine
configuration is shown in fig.5

Fig.5 Scimitar Mach 5 Cruise Engine Configuration

The Scimitar engine core is only precooled when the engine is operating above Mach 3 when
the compressor inlet temperature reaches 635K. Above this speed the precooler keeps the
compressor inlet temperature at this value up to Mach 5. The compressor pressure ratio can be
optimised for best cruise performance and is approximately 4:1 at which the Equivalence
Ratio is 0.8. At this condition the Vg is 44,000m/s.

In order to fly subsonically the bypass duct has a fan installed with a pressure ratio of 1.8:1. In
subsonic mode the fan is driven by a hub turbine by the output of HX3 as shown in fig.6 and
the cycle diagram in fig.7, the turbine exhaust discharging into the bypass duct downstream of
the fan. For take-off and acceleration the bypass duct contains a burner to reheat the flow and
increase the thrust.

At Mach 0.9, afr = 458 (ER = 0.07488) and V. = 96,000m/s. The ideal V. at this condition
would be 245,000m/s from section 2.1. However the achieved value gives the aircraft almost



the same subsonic range as its supersonic range and allows an operator considerable
flexibility over his routing strategy. Again there is substantial possibility for future engine
performance improvements. A modern subsonic high bypass hydrocarbon engine has a Vg of
around 68,000m/s.

The bypass nozzle is annular and is constructed from a series of petals which fold radially
inwards at high Mach number to complete the nozzle extension for the core combustion
chamber.
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Fig.7 Scimitar Mach 5 Cruise Engine
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Unlike the SABRE engine, the Scimitar passes all of the air through its preburner and adjusts
the fuel flow to control the temperature rather than vice versa. At supersonic speeds the flow
from the preburner passes directly to the core nozzle, bypassing the fan hub turbine, where the
remaining fuel is added to achieve the correct mixture ratio. At moderate supersonic speeds
the bypass duct operates in ramjet mode like the SABRE and the fan is allowed to windmill to
limit its pressure losses. The bypass nozzle adjusts to handle the bypass flow depending on its
pressure and temperature during the vehicle acceleration.

As can be seen in fig.7, the heat rejection from helium to hydrogen in the Scimitar is more
complicated than for the SABRE. This is because at an Equivalence Ratio of 0.8 the capacity
ratio K, is 3:1 and a flow arrangement has to be devised which will locally exchange heat at a
capacity ratio of 1:1 so as not to generate an undesirably high entropy rise . as discussed in
section 3.3. This is achieved by splitting the flow into three tandem loops and using a
regenerating cascade between them. The principle is clear on examining the low temperature
regenerator HX4L..

The high temperature regenerator (HX4H) is a little more complicated. Due to materials
limitations it is necessary to increase the coolant flow through the hot part of the precooler
(designated HX1) In this the capacity ratio of the helium to air is increased from 1:1 in the
cooler part (HX2) to 3:1. This means that the helium to hydrogen capacity ratio increases
from 3:1 to 9:1 for the hotter flow. The same regenerator principle applies, requiring 6 extra
flow paths, HX4H plus HXS.

It is a feature of these engines that they contain several heat exchangers and therefore appear
complicated when first encountered. It is also the case that as the Equivalence Ratio is
reduced the number of heat exchangers increases, hence the more complicated appearance of
the Scimitar cycle compared with the SABRE cycle.

3.3 Entropy Generation

Entropy generation comes from several sources within the engine cycle;
e compressors & turbines

duct friction, bends and expansions

heat exchanger pressure losses

spontaneous temperature rise in combustion devices

heat exchanger finite AT between fluid streams.

Because of their relative novelty and importance as major contributors to the entropy rise the
last of these sources is discussed below.

Material temperature limitation

Fig.8 illustrates the method of heat exchange within the precooler matrix. This illustrates the
initial counter-flow heat exchanger (HX1) using an increased capacity rate ratio (K;) followed
by a capacity matched (K>) counter-flow heat exchanger (HX2).

11
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Fig. 8: Precooler thermodynamics: K is the helium to air capacity ratio.

At the assumed Mach 5 design condition air enters the engine at 1240 K (real gas properties).
Due to precooler material constraints, however, the helium coolant is limited to around 950 K
and the potential entropy generation as a result of this large temperature difference must be
controlled by increasing the capacity rate of the coolant flow.

When considering a counter-flow heat exchanger with no imposed temperature limitations the
entropy generation can be minimized by matching the capacity rates of both streams. Given
the above temperature limitations at entry to the precooler. the entropy generation can be
reduced by increasing helium coolant capacity rate: the higher coolant mass flow allows the
heat to be transferred at a higher average temperature. Fig.9 illustrates that a capacity ratio
(helium/air) of at least 3 is desirable such that the entropy increase in the heat exchanger is
considerably reduced. T (fig.8) is the resulting cold end temperature of the non-isentropic
counter-flow heat exchanger to counteract the entropy rise due to the hot end temperature
limitation of the precooler.
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/_/-'-" {900
200 !

I". / {700
%1 50 | ~—— Ertropy x
5 '. — T 1 500%
éi 100 +—F— B
® . 3[10§

50 e e
{100
1 : ;
1 3 10 100

Capacity Ratio (helium/air)

Fig.9: Effect of helium to air capacity ratio on entropy generation in a counter-flow heat
exchanger with air inlet temperature of 1240 K and helium exit temperature of 950 K. and
where T2 is the cold end temperature of both streams assuming AT = 0 there.

Low temperature heat exchange

The remaining heat in the external air flow can be removed using a low temperature heat
exchanger (HX2) that is not constrained by material temperature limitations and can therefore
operate closer to isentropic conditions (fig.10). However, the very nature of low temperature
heat transfer, constitutes a major source of entropy generation even at the lower AT ’s

12



achieved using a capacity matched counter-flow arrangement. Since the low temperature heat
exchanger must still remove almost 60 % of the heat from the intake air flow, the
performance of this heat exchanger, in terms of minimal AT, is critical to the performance of
the whole engine cycle.

For HX2, writing C = mc, of either the air or helium stream, the entropy rise per unit

capacity rate, = assuming no pressure loss is;

—=In| = |+In| =——
(& T, T, -AT
Assuming a AT << T,,T;, this can be approximated to:

£ ~ (T2 _Tj)AT
e L

The entropy increase of HX2 is therefore proportional to the finite temperature
difference, AT , between the hot air stream and helium coolant stream.

-4 L - helium
Fig.10. Precooler low temperature heat exchanger.

It is essential therefore to have the highest heat transfer coefficient possible consistent with
mass and pressure drop constraints.

4 Technology of Precooled Engines

This paper is mainly aimed at a discussion of cycle features of precooled TBCC engines but
these are only of interest if the components they require are technically feasible. The
following limited discussion examines the technology status of the major hardware
components.

4.1 Turbines, compressors and intakes

Although the configuration of precooled TBCC engines is rather different to gas turbines the
technology of the turbo machinery and intake/bypass system is relatively conventional. A
particular advantage of helium cycle working fluid is that it is inert and materials which
would otherwise suffer either oxidation or hydrogen embrittlement can be used. Examples are
the super alloys and carbon-carbon composites. The helium is also used at high pressure
(200bar) and as a consequence components tend to be very compact.

With helium turbines driving cold or relatively cool air compressors there is a speed miss-
match. However, several design studies of stator-less turbines with contra-rotating rotor
stages coupled to a contra-rotating two spool compressor have shown that this can be
overcome. The resulting turbines are ultra compact also.
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The compressors are very conventional in construction, and for heavily precooled engines like
the SABRE can have carbon reinforced plastic early stages and light alloy intermediate
stages. The high pressure ratio SABRE compressor has a very limited nondimensional
operating range and would probably benefit from some variable inlet guide vanes.

The intakes considered so far at Reaction Engines are axisymmetric and use a single
translating centre body to keep shock-on-lip condition while accelerating to cruise conditions
or to transition to rocket operation in the case of SABRE. The SABRE intake must also close
for re-entry. The SABRE engine only requires low ngg, about 0.8, achieved with a two shock
compression while the Scimitar requires a higher value n; = 0.9 achieved with a three shock
compression. The bypass burners are normal subsonic combustion systems. Both engines
require variable geometry bypass nozzles.

4.2 Heat Exchanger Technology

The success or otherwise of precooled TBCC engines pivots on the practical feasibility of low
mass, high surface area heat exchangers. The heat exchangers required in this type of engine
fall into three main types:

e Super alloy, shell and tubular surface matrix heat exchangers (HX1-2, SABRE HX4)
with one high pressure and one low pressure stream and low driving temperature drop.

e (Ceramic shell and tube or plate surface heat exchangers (HX3) with two high pressure
streams but very large driving temperature drop.

e Metallic micro-channel plate heat exchangers (HX4) with two very high pressure
streams with close thermal matching, i.e. low driving temperature drop.

Development programs are in progress at Reaction Engines on all three types of heat

exchanger, but is most advanced for the first type. A prototype module and a close view of

brazed tube junctions of a tubular surface in Inconel 718 using tubes 0.88mm bore with 40um
walls is shown in fig.11a and 11b. It is intended to operate a precooler built from 42 of these
modules in conjunction with a Viper jet engine during this development program.

Fig.11a Prototype precooler module

For the second type of heat exchanger silicon carbide tubes of suitable straightness. accuracy
and outer diameter have been produced, but they are still not available in the desired wall
thickness. These tubes have been successfully joined to a tungsten tube sheet. At present the
design of HX3 is severely constrained by manufacturing capabilities in SiC and while the
SABRE HX3 is close to achievement there is still not a suitable design for the Scimitar
engine.




Finally, for the third type shown in fig.12, manufacturing trials of plate heat exchangers with
channels of a few tens of microns hydraulic diameter is just beginning.

4.3 Problems remaining

The main problem in the case of realising a Mach 5 cruise engine is the lifetime of the
precooler. Here the upper temperature is constrained by the creep strength of oxidation
resistant high strength alloys. Work continues to find novel solutions to this problem through
design rather than searching for miracle materials.

In all of the heat exchanger types discussed above, the physics of operation, the materials
properties and the mechanical integrity of designs are not central questions; we are entirely
dependent on the status of manufacturing technology.

5 Conclusions

e Precooled Turbine Based Combined Cycle (TBCC) engines have the potential to
achieve close to the ideal performance for airbreathing propulsion over a wide Mach
number range up to a limit around Mach 5 with current materials.

e These engines offer the promise of civilian antipodal flight in about 4 ‘2 hours and
single stage to orbit reuseable spaceplanes. but only with liquid hydrogen fuel.

e Precooled TBCC engines are configured around well established gas turbine and
rocket technology but have heat exchangers which are a new development in flying
engines.

e TBCC engines can be developed, at least in a major part, on open test bed facilities
since they aspirate at zero forward speed.

e The feasibility of the precooler will be demonstrated over the next couple of years
with R&D work currently in progress.

e The development of other heat exchangers is lagging the precooler and in particular,
practical ceramic components are not yet close to the promise of their material
properties.

e (ycle design innovation continues in order to improve performance and to try to
bypass the limitations of current materials.

e This class of engines are the most practical known to the author for accessing the
lower hypersonic flight regime (Mach 5)
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1. INTRODUCTION

A turbopump in a rocket engine consists of a pump that delivers fuel or oxidizer to the thrust
chamber where the propellants are brought to react and increase in temperature. Since the
combustion process takes place under constant pressure, the chamber pressure is the net result
of the turbopump system. Turbomachinery for liquid rocket propulsion shares many of the
design features and challenges found in gas turbines. To an even greater extent than in jet-
engines used for aircraft the emphasis is on delivering very high power in a small machine.
Pumps and turbines are classical subjects of engineering and are in wide spread use in many
areas. The constraints and requirements of the application is what make the design of
turbopumps for liquid rocket engines unique. In this lecture the pumps will be discussed
mostly in the context of load on the turbine. The main reason for doing so lies in the
background of the authors, working at a company that designs and manufactures turbines for
space propulsion. We shall look into what governs the design of turbines for liquid rocket
engines. This is done by example following a simplified design loop, discussing as we go.
Many important steps were taken from after the war and to the 70’s in the design of
turbopumps for rocket engines. A historical review of the development is very enlightening
and highly recommended for interested engineers [1]. Following a period of very active
development NASA issued a collection of documents that summarizes design experience in
terms of rules and criteria [4]-[7]. These are still very valid in terms of providing guide lines
to what works and what does not. Also very important is that they provide insight to solutions
adopted for several machines and by several different companies. Much of what we will
describe in terms of design will be based on these. This provides a coherent basis for the
lecture, and does not infringe on proprietary information. In engineering practice each
company that develops turbines has in-house practices and experience that strongly affects the
final design. Modern computational tools have provided for great changes to engineering
work and advancement of machines since the 70’s. Much of this is used in detailed design and
replaces to some extent testing on component level, and has become indispensable in modern
engineering.

New materials and computational tools allow the designer to improve the performance of the
machine. With improved tools for design the machine becomes more optimal, which is good.
At the same time as the designer approaches the limits of what is physically possible the
numbers of failure modes multiply and the accuracy required in verification of the analysis
increases. It has always been argued that computational tools such as CFD and FEM reduce
development time and cost. It appears more that the actual effect is that as optimization



becomes possible with better tools. the machines get better but the development time and cost
is equal, at the best. This is maybe not to surprising after all since new designs are often made
in order to deliver better performance. At the end of the day this is still a balance act of risk
management, customer input, innovation, economy and hard work.

2. Cycle selection effects on turbopump characteristics

Selection of the engine cycle determines the characteristics of the turbine to a large extent.
The cycle a choice made on engine level, balancing complexity with performance for some
flight and load. On the development side this is made quite some time before the detailed
design of turbomachinery is made. In order to optimize the system the engine designer will
need to know what to expect in terms of performance from the different components that
make up the engine. The engine designer will want to know in a variety of configurations and
cycles what can be achieved in terms of cost, weight and efficiency potentials.

Trying to describe how the cycle selection affects the turbomachinery we will first look at the
main performance numbers describing the propulsion system as a hole. This gives some
appreciation of what the controlling parameters of the engine means to the turbopump. Since

we want to discuss the turbomachinery aspects simplifications are taken as necessary. First of

all, the measure of the rocket engine performance can be expressed in the specific impulse
Isp:
F), is the thrust (1)

E, - -
Isp = g is the gravitation constant

g - m s
m is propellant mass flow

For our purposes of studying turbomachinery we will accept the notion that the higher the Isp
the better the performance is. The first we can notice is that the higher the chamber pressure
is the higher the thrust Fn will be. This of course immediately goes back to the pump exit
pressure which must be higher than the chamber pressure. The second component that can be
discussed is the mass flow. If nothing else is changed we would expect the thrust to be
proportional to the mass flow. This is easiest seen in the trivial example of putting 2 engines
side by side resulting in twice the thrust for twice the mass flow and Isp equal.

The choice of cycle can be described in 3 main categories, which have great implications for
the turbomachines. The main cycles used for larger modern liquid rocket engines are, as
shown I figure 1, gas generator, expander and stage combustion.

5 = 0 F T
s 0 - Oxidizer p

F = Fuel pump

T = Turbine

GG - Gas generat

p - Pr’gurner .
Bipropellant , Expander < Staged combustion
gés generator {fuel)

Figure 1 Principle schematics of major liquid bi-propellant rocket engine cycles from NASA
SP-8107



Out of these 3 cycles the gas generator cycle is the easiest to control and least sensitive since
it works against atmospheric or low pressure not very dependent on the turbine itself. The
turbine for this cycle is a low flow high pressure ratio machine. The discharge pressure of the
pump is slightly above chamber pressure. For the expander cycle the heat source is the nozzle
cooling, which means that the amount of heat is limited by heat transfer processes. All the
flow is pass through the turbine, and the available chamber pressure depends directly on the
on how much pumping power that can be delivered given the heat input. This makes it
sensitive to the turbine efficiency. The discharge pressure is high compared to the chamber
pressure, enough to allow expansion through the turbine before being injected to the chamber.
A staged combustion cycle allows for extremely high chamber pressures. As a consequence
the discharge pressure from the pumps will be needed to be extremely high and multiple
pumps are used in some cases. From NASA SP-8107 a summary graph is given in figure 2 for
reasonable choices of cycle for different chamber pressures along with the resulting pump
discharge pressure.
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Figure 2 Relation between chamber pressure and pump discharge pressure for the cycles
(1000 psi =70 bar)
The mass flows of fuel and oxidizer respectively will vary with the choice of propellants. The
most important property for the pump is the density of the fuel. We can compare RP-1 with
liquid hydrogen LH2 in this respect. For a 100 bar discharge pressure the pump head is for
the propellants summarized in table 1. The lower the density therefore the higher the pump
power becomes. The differences are large, for the same mass flow of LH2 the pump will take
a factor of 10 times the power.

Table 1 Effect of density on pump head

Density * Pump head at 100 bar
[kg/m3] [m]

LH2 75 13600

RP-1 (Kerosene) 810 1260

LO2 1200 849

* Approximate numbers. Density varies with temperature and pressure




Notably the pump head for liquid hydrogen is 13.6 km, a huge number that if applied as a
fountain would send the water column up above the Mount Everest. and the most extreme
discharge pressure would go up to above 600 bar exit pressure from a pump. Other effects to
consider are the lubricating and cooling properties for bearings. The burner gases are of very
different quality, they are going to be either fuel rich or oxygen rich. For LH2/LO2 the choice
is always hydrogen rich, and LH2 is used for cooling with excellent properties. For RP-1/1.O2
there is some variation. For Oxygen rich gases means that the partial pressure of oxygen is
extremely high with associated fire risk and risk for deterioration of structural surfaces by
oxidation. In order to reach 1000K on the rich side an O/F=13 (or equivalence ratio 26) would
be needed. Such very rich mixtures may cause problems with residue as the carbon
compounds meet surfaces. Using kerosene for cooling can also easily cause coking.

For the turbopump assembly some different arrangements have been used. Gears have been in
use early on in the development of American engines. These have been replaced largely by
pumps driven directly by the turbine. We shall therefore not discuss geared configurations.
There may also be one turbine driving fuel and oxidizer pump on a single shaft. The choice is
made as a trade between cost/complexity and efficiency. On the pump side both axial and
radial pumps are used in different configurations. The majority would appear to be radial
pumps with an inducer fitted to avoid cavitation. An example of an axial pump for LH2 is
shown in figure 3 from the J2 engineLH2 fuel pump. Further down examples of centrifugal
pumps are shown .
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Figure 3 J2 axial fuel turbopump assembly from [3]

1.1. Gas generator
In a gas generator cycle the turbine exhaust is de-coupled from the main flow of propellant
thus giving an available pressure ratio that is chamber pressure to atmosphere.



The gas is produced by burning some of the fuel/oxidizer. The first goal is to limit the loss of
Isp inherent in expanding some of the gas to lower pressures than the chamber pressure, the
mass flow used should be limited. Increasing the inlet temperature beyond ~1000K would
mean that the vanes and blades must be cooled. In terms of turbomachinery efficiency it is
difficult to use a pressure ratio in the order of 100 efficiently over the single turbine; therefore
the gas is exhausted to atmosphere through separate nozzles contributing to the thrust, or
possibly introduced in the main nozzle. The latter principle is used on the Vulcain 2 engine,
shown in figure 4. This arrangement uses the turbine exhaust gas both to generate thrust and
to help in the cooling of nozzle wall by using the turbine exhaust as a film. Weight is then
gained by avoiding a large surface that need fuel cooling near the hot flame.

VULCAIN®2

CARACTERISTIQUES

Le moteur cryotechnique Vulcain®2 est dérive du
moteur Vulcain® de |'étage principal d*Ariane 5.
Il a été développé dans le cadre du programme
Ariane 5 Evolution.

Lancé en octobre 1995, ce programme a permis
d'augmenter les performances du lanceur. Ainsi
sur une Ariane 5 équipée de |'étage supérieur
ESC-A, le moteur Vulcaln®2 permet une
augmentation de la charge utile en orbite
de transfert géostationnaire de 1 150 kg par
rapport au moteur Vulkain® qu'il remplace.
Snecma est maltre d'oeuvre du programme
Vulcain®2 et pilote dans ce cadre une coopéra-
tion d'industriels européens comprenant notam-
ment Techspace Aero, société du groupe
SAFRAN, EADS ST GmbH, Avio et Volvo Aero
Corporation.

Vulcain®2 a été¢ optimisé en ameéliorant, en

particuller, trols parameétres :

*le rapport de mélange oxygéne liquides
hydrogéne liquide est passé de 5,2 4 6,1

* Poussée dans le vide (kN) 1340
» Impulsion spécifique (s) 431
* Pression de combustion (bar) 115
* Ergols LOX- LH2
» Débit d'ergols (kg/s) 320
* Rapport de mélange 6,10
* Vitesse de rotation TP (tr/min) LOX : 12 300- LH2 : 35 800
* Puissance turbines (kW) LOX:5-LH2:14
* Hauteur (m) 345
* Diamétre sortle tuyére (m) 2,10
* Masse du moteur (kg) 2100

Figure 4 Schematic and main data of Vulcain2 engine developed by SNECMA and used for
the European Ariane5 heavy launcher (Source: fichier technique available at

www.snecma.com)

The start transients need to be very fast in order not to consume propellants on the ground. in
this case a pyrotechnic device is used. This means that a hot gush at high pressure hits the
turbine after the start “explosion”, the turbine acceleration is completed in seconds giving an



extremely rapid load transient. This start transient is a major challenge to the mechanical
design. as it leads to extremely severe thermal gradients and thereby stresses in the material.
The stop transients can be as severe a load case on the engine. This may appear strange for a
dispensable engine, but the engine is test fired at least once before flight. The hot engine is
flushed with cold gases when it shuts down which produces a shock cooling

In order to minimize the mass flow consumed the turbine and pump should operate
efficiently. In oreder to achieve this the blade speed and flow velocities should generally be
high. The blade speed is limited by mechanical constraints to the order of 500-600 m/s. For
the Oxygen pump the shaft speed may limit the practical mean speed to values lower than
this. In the Vulcain 2 engine separate pumps are used for LH2/LOX both with radial pumps.
A cross section of the LOX pump in figure 5 shows the arrangement using an inducer on the
pump side and an overhung 2-stage axial turbine on the turbine side. The overhung turbine
arrangement is generally preferred if it is possible. Outboard bearings cost weight and but
allows higher rotor stiffness, and higher rotor speed which is necessary for the LH2
turbopump. Such an arrangement is used for instance on the LH2 turbine for the Vulcain
engine.

-]

Figure 5 Cross section of Lox pump developed by Avio togheter with VOLVO Aero for the
Vulcain 2 ( from [9].)

2.1.Expander cycle

The attainable chamber pressure is immediately affected by the turbomachinery efficiency
since the available heating power is limited by the heat exchanger process on the thrust
chamber. On the upside for this cycle is the fact that a separate combustor is not needed in
this cycle. The efficiency of the turbomachine is critical to operation and the engine system
integrator has to work very closely with the component designers. The engine can start from
tank overpressure, especially if it is an upper stage engine with vacuum counter pressure. The
start produces a very cold dip before the heating of the fuel starts following ignition in the
chamber very cold dip on the start transient. The initial LH2 flow is at ~30K from which
temperatures rise fast. A modern example of an engine using the expander cycle is the
SNECMA VINCI upper stage engine, shown In figure 6.



CARACTERISTIQUES

* Type Cycle expander
* Poussde dans le vide (kN) 120
« Impulsion spécifique (s) 465
+ Pression de combustion (bar) &0
* Rapport de section 490
* Ergol LOX - LH2
« Débit d'ergols (kg/s) LOX : 33,70 - LH2 : 5,80
* Rapport de mélange 580
* Vitesse de rotation TP (tr/min) LOX : 18 000 - LH2 ; 90 000
*» Pulssance turbines (kW) LOX : 350 -LH2 : 2 800
* Hauteur {m) 420
* Diamétre sortie tuyére (m) 220

Figure 6 Characteristics of the VINCI upper stage expander cycle engine by SNECMA
(Source: fichier technique available at www.snecma.com)

In the expander cycle all the fuel passes the thrust chamber in order to pick up heat. LH2 is
the fuel most easily adapted to the cycle. It has a high heat capacity and does not risk to coke
or contaminate the pipes. Oxygen is mostly avoided as heat carrier as it is aggressive and
easily causes fires. Hydrocarbon fuels have a coking problem and works less well as heat
carriers that the hydrogen. Figure 7 shows a cros-section through a VINCI LH2 pump for an
expander cycle.
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Figure 7 showing the VINCI LH2 turbopump developed by SNECMA with VOLVO aero as
responsible for the turbine [13]

3.1.Staged combustion
The most typical feature is the extremely high pump discharge pressure. the SSME (Space
Shuttle Main Engine) at 470 bar for a chamber pressure of 223 bar and Russian RD-170 has
discharge pressures above 600 bar for a chamber pressure of 250 bar. The SSME has dual
turbopumps making the system more complex in number of machines and sensitive to the
success of the design of components. Under such extreme pressures the mechanical integrity
of the machines becomes the overwhelming issue. This is shown in figure 8 where both low
pressure and high pressure turbopumps can be seen.

SSME PROPELLANT FLOW SCHEMATIC



The turbine of the RD-170 feeds all turbopumps, with a total shaft power of and 192 MW
over a single stage, the inlet pressure in 519 bar and the flow 2400 kg/s [2]. The pressure ratio
over the turbine is 1.92 and inlet temperature 770K. I the engine RP-1/LOX is used with the
choice of oxygen rich gas in the turbine. For this engine development a remarkable note is
that over 200 development engines was used for testing.

3. Example design of turbopump

The actual development of the turbine starts from the basic architecture and specification of
the engine performance parameters. A specification in this context is a set of data and rules
agreed with the engine designer. This will set goals on performance, weight and cost. The
development phase can span over a decade starting with a specification and ending with a
functional product. In this process progressively more people become involved and more
money is spent each week. At the same time as time progresses there will be less and less
things that can be changed since more details become frozen.

Preliminary Design of pump for an imaginary gas generator cycle

In order to provide some understanding of how design features relate we will go through a
sample design loop using relatively simple tools. The example will be a design for a gas
generator cycle using LH2 and LO2. The basic cycle parameters for the cycle that are of
relevance to the turbomachinery are picked arbitrarily:

Propellant mass flow rate 300 kg/s at O/F=6, Pchamber 100 bar, Pinlet 1 bar.

Table 2 Summary of Pump flow data for example turbopump

Pinlet Pexit LH2 Massflow LH2 Pexit LO2 Mass flow LO2

| bar 132 bar 429kg/s 120 257.1 kg/s

In order to start the design we begin with the sizing of the pump. The efficiency potential of
the pump will be maximized for the engine and the sizes and speed are selected. These
numbers hen form the primary requirements on the turbine. As the turbine is designed it could
happen that it is difficult to find a good solution which could force us back one step and re-
design the pump. The main tools for selecting the pump size are 2 non-dimensional numbers,
classical in turbomachinery:

Specific QJo
speed n, = 3
(gH )
Specific D(eH V-
diameter d, :(gT)/V

The red circle in figure 9 marks the optimal choice of specific speed and specific diameter.
Commonly American literature does not use Sl-units and comes out differently in terms of
size. Here Sl-units will be used, and conversions made when using diagrams or numbers
quoted from American literature.
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Figure 9 ns-ds diagram with from NASA SP-8109

The selected point at maximum efficiency gives (converted to SI units):
Specific diameter d, =0.055*50.5 =2.77

Specific speed n, =3000%3.66*10™* =1.1
The design point for a single stage pump the diameter and shaft speed for the machines.

The LO2 pump

The LO2 pump must be chosen with a relatively low tip speed but gets a rather large
diameter. The pumped power is about 1/3 of the LH2 pump, and hence it will be less critical
to performance of the cycle. In terms of a system trade the weight could be brought down by
decreasing the tip diameter and increasing the shaft speed. The weight range of the LO2 pump
in this class is 150-200kg. Table 3 compiles the data for the pumps.

The LH2 pump

Trying first with a single stage LH2 pump gives and design that would have a high rim
speed. 665 m/s. SP-8107 considers pump rim speeds (unshrouded) above 800 m/s. but here
we will take a careful approach. We also have a low inlet pressure that leads to cavitation
risks. It is then reasonable to consider this too high and look for other solutions. The options
that we have are to reduce rim speed by lowering ds and/or ns. The choice indicated by the
yellow dot in figure 9 gives a rim speed below 500 m/s, but also a lower efficiency. In the
diagram the loss is as much as 10 % a rather large number that must be compensated by
turbine shaft power. Another option is to use a second stage and stay on the optimal
performance point, table 3 includes those options.



Table 3 Solutions for pumps using design charts

Shaft speed | Tip Tip speed | Efficiency | Power
diameter potential needed
N Utip
D n P
[RPM] [m/s]
[mm] -] [kW]
LO2 22980 132 158 0.8 3500
LH2 I-stage 122100 104 665 0.8 10200
LH2 1-stage reduced | 106140 83 462 0.7 11700
ns,ds
LH2 2-stage 72600 124 469 0.8 10200

This example of pump sizing serves to show the effects of constraints and to provide
operating conditions that will be used for sizing a turbine. Another constraint is formed by the
risk for cavitation in the pump. The pressure ahead of the pump must be large enough so that
the lowest pressure on the suction side of the impeller does not fall below a critical value for
cavitation. This is usually measured as NPSH (Net Pressure Suction Head) and will often
affect the allowable limits of the machine. In [5] these limits are detailed and compared in
several ways. Other constraints that may limit the speed is, rotor dynamics and the bearing
inner race speed may become limiting as well as the turbine blade stresses in a later stage of
the design.
At this point, however, we will be happy for now with the sizing of the pumps so that we can
g0 on with the turbine.

4.1.Turbine performance
The most important performance data can be thought of as a budget for the turbine designer.
In order to start working out the details of the turbine these must be known. We shall try to
give an example that is non-unique but reasonable way to work through the choices that can
be made. The start is made from the basic set of data given on one aerodynamic design point
(ADP). When the engine cycle and architecture has been selected and laid out the pump load
is known and a suitable turbine can be designed to meet those requirements. The pump size
and reduced speed depends on the working media and delivery pressure. The speed on the
shaft will be considered governed by the pump, until other limitations must be accepted.

5.1.Turbine duty and assessment of efficiency potential
We are going to use 1000 K as the inlet temperature to the turbine, which can marginally be
managed with super alloys with no cooling. By comparison modern aeroengines are at
1900K, using advanced cooling technology. Introducing cooling to the blades would increase
complexity of the system, in particular for the relatively small blades and also require bleeds
from the pump with increased plumbing as a result. On the oxygen side cooling must be
drawn from somewhere else since the turbine is mostly fuel rich. We have a temperature and
pressure at the inlet to work with, after allowances for pipe and valve losses and burner. The
exit pressure would be selected to be something sufficiently high to allow safe evacuation of
the hot exhaust from the aft of the rocket. The higher the exit pressure the more thrust can be
generated:; on the other hand more gas will be consumed. This trade must be done at engine




level but is probably fixed when the turbine shall be designed. The spouting velocity

7=l

CO=.J2C,_(T,,, —Tis) = 2C Ty t==25 =2655m/s gives some indication of what we

(1]

can expect to find in terms of the velocity ratio and the possible turbines that would go with it.
For the LH2 turbine we can expect the following: More than 500 m/s in Um will not be
allowed for stress reasons. Um/C0<0.2 results and we can see in diagram . figure 10, that for a
single stage machine an impulse design could give 45% efficiency. in diagram figure 10 that a
2 stage design could improve this to 55% 3 stage will probably be too heavy on the rotor
dynamics and is not admissible. For the LOX we know that the pump is slow, if we expect to
end up at Um=300 m/s then we have UM/C=0.12. This gives us 38% for the singe stage and
45% for the 2-stage machine. Cost constraints in the wants us to save on hardware so we
accept a 38 % efficiency in the spec in order to make allowances for a 1 stage machine.
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Figure 10 Efficiency potentials for supersonic turbines, red LO2 green LH2 points

As is seen from table 4 the mass flow consumption will still be twice as high for the LH2
turbine, which motivates the choice of saving cost on picking a single stage machine. 8 kg/s is
below 3% of the flow to the chamber. Table 4 data will now form the specification that the
turbine design will be set to match.

Table 4 Given data to match for the turbine ADP

Ptin Ttin Shaft Power Pout Massflow* | Efficiency*
[bar] K] speed | [MW] | [bar] [kes] [-]
[RPM]
100 1000 72600 10.2 10 5.27 55
100 1000 22980 3.5 10 2.6 38

* Overdetermined less massflow is “always™ better, as well as higher efficiency



This set is over determined in the sense that power can be computed given the other
parameters. Efficiency could however be taken as a minimum requirement, the same way as
the mass flow could be taken to be a maximum requirement. In a gas generator cycle the
engine designer will probably be able to improve his engine if these parameters are better than
budget. A temperature of 1000K is reached by burning at an O/F of 1.02, which gives values
of y=1.357 and a heat capacity Cp=7757 that will be used as constants through the turbine.

Selection of diameter and blade height

The first steps in the design are to fix some of the more general parameters for the turbine.
The turbine gas paths mean diameter will be the first to be selected. This is done in more or
less the same way as for the pump. Figure 10 gave some indications on how stages can be
selected for a supersonic design. One of the most general design charts is given in figure 11
from [3]. Optimization of turbine performance in general is described in classical literature,
and we will not go through all the possibilities given there. For each product there are unique
constraints that affect the design. Applying these will force the designer away from the
optimal selection of specific speed and specific diameter in order to satisty load or mechanical
requirements. The goal will be to find the best design considering a combination of weight,
cost, efficiency and risk. The turbine parameters are normally given using exit parameters and
this is the way they are used in our diagrams, so we will follow that way of presenting data.
Specific speed for the turbine
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We will now take the given shaft speed, which immediately gives the specific speed. The
shaft speed was given by the pump, the isentropic enthalpy drop by inlet temperature and
pressure ratio and the volume flow by exit density and mass flow.

The LO2 turbine

In figure 11 the red line mark the LO2 turbine choices for a 2 stage and a single stage turbine.
In both cases ns=0.05. ds is 6.37 for the single stage and 8,37 for the 2-stage machine at a
diameter Dm of 250 mm.

The diameter for the LO2 turbine was increased compared to the pump in order to increase
the specific diameter. The blade height however for the LO2 turbine is becoming small, 1-2%
of the diameter giving a blade that is only 5 mm high following the correlation in figure 11.
The selection of blade height is probably the most open choice that the designer has to deal
with. Reducing the diameter in order to increase the blade height would lower the efficiency
again and make the effort useless. The blade height can allow for some blockage in the
passage. In Sp-8107 a lower limit of 4mm is given for blade height. This would of course be
dependent on whether a tip shroud is used or not, but can serve as a warning sign until it can
be shown that the leakage can be handled. The height will have to be negotiated at a later
stage in more complete loss analysis, where the aspect ratio of the blade can be calculated.
The LH2 turbine

The green lines in figure 11 shows the LH2 2-stage machine choices, and the black line the
LH2 1 stage.



Using an intelligent guess that we will need all speed we can get. and assuming that the max

we can have is a blade speed at mean diameter Um=500 m/s. The diameter can be picked out
immediately at Dm =132mm. Optimal it would be ds=8, but this takes us to 1000 m/s which
is hopeless. In terms of attainable efficiency the 1 stage is at 55% in figure 11. For the LH2
the first check shows that a stage count of 2 for the LH2 turbine in our example gives good
improvements in efficiency >60 % and will be worth considering. A blade height of 10-13
mm is perfectly acceptable to start with.
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Figure 11 ns-ds diagram for turbines with selected points for the L.LO2 red and LH2 green
options

Velocity or pressure compounding

Velocity compounding provides the extreme in obtaining power for a given pressure ratio and
mass flow. However in our example we have chosen to fix the pressure ratio over the entire
turbine. The reason for doing so practical, the engine designer will have assumed a pressure
for designing exhaust of the turbine gas, whether in separate nozzles or if it is introduced in
the main nozzle. For the turbine to be efficient at high pressure ratios the tip speed must be
high. Here the propellant properties become important. for the LO2 pump the shaft speed will
be low, so without a gear the specific speed will have to lower than desirable for turbine
performance. The degree of reaction should be low at low isentropic velocity ratios. say lower
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